


h ~ . . . . . .  

M I N I S T R Y  OF SUPPLY 

A E R O N A U T I C A L  R E S E A R C H  COUNCIl . ,  

R E P O R T S  A N D  M E M O R A N D A  

R. & I~. No. 2560 
A.R.C. l~onograph 

The HighoSpeed Laboratory of the 
Aerodynamics Division, NoPoLo 

D. W. Hoz.I)~R 

PART I 
Description of the Installation 

~J "i S', O 

PART I][ 
Experimental Techniques 

PART III 
Experimental Results 

L O N D O N : H E R  MAJESTY'S STATIONERY OFFICE 

I954 



Crown Copyright Reserved 

PRINTED AND PUBLISHED BY HER MAJESTY'S STATIONERY OFFICE 

To be purchased from 
York House, Kingsway, LONDON, W.C.2 423 Oxford Street, LONDON, W.1 

P.O. BOX 569, LONDON, S.E.1 
13a Castle Street, EDrNBURGH, 2 1 St. Andrew's Crescent, CARDrFF 
39 King Street, MANCHESTER, 2 Tower Lane, BRISTOL, 1 

2 Edmund Street, BIRMINGHAM, 3 80 Chichester Street, BELFAST 
or from any Bookseller 

1954 

Price £3 10s 0d net 

PRINTED IN GREAT BRITAIN 

S.O. Code No. 23-256o 



The High-Speed Laboratory 
Division, 

Parts It, 
By 

D. W. HOLDER 

of the 
N.P.L. 

and 

Aerodynamics 

Reports Memoranda 2Vo. 

Decem[ er, 19 4 6 

256o 

General Summary.raThe first part of this report describes the Ngh-speed tunnel installation in the Aerodynamics 
Division of the National Physical Laboratory. The installation consists of the 12-in. diameter High-Speed Tunnel, 
the 20 x 8-in. High-Speed Tunnel and a number of smaller tunnels all of which are operated on the induction principle 
from a common compressed-air storage capacity. An account is included of a series of experiments which were made to 
investigate the influence of the design on the efficiency of an induced-flow tunnel, and finally the new 18 × 14-in. 
High-Speed tunnel is described. 

The second part describes some of the experimental techniques which have been used. Many of these are similar 
in principle to those of low-speed tunnel practice, but some of them (e.g., the schlieren and shadowgraph techniques) 
are Peculiar to compressible-flow experiments. 

The third part of the report reviews the experimental results obtained in tile high-speed tunnels during and im- 
mediately before the war. The phenomena which occur on a particular aerofoil as the Maeh number is increased from 
a low value are described in detail and the effects of the aerofoil shape are then discussed. This approach is used also 
for supersonic flow where the flow round a particular aerofoil is again described in detail and the effects of aerofoil shape 
and. Mach number are discussed. The flow round an aerofoil with a control flap is discussed for both subsonic and super- 
somc flow and an account is included of a number of other fundamental and ad hoc investigations. 

The report was written in I946 as a contribution to the series of monographs intended for the Scientific War Records. 
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P A R T  I 

1.1. Introduction.--The principal purpose of wind-tunnel tests is to enable the aerodynamic 
forces on a full-scale body moving through the air to be predicted from observations made in 
controlled tests on a scale model, and also to enable a s tudy of the flow pattern around the body 
to be inade in greater detail than would be possible in free flight. 

I t  is well known ~, ~, a, ~ that  if forces due to viscosity and inertia alone are of importance, the flows 
around two geometrically similar bodies completely immersed in a fluid will be similar if the 
Reynolds number 1, 2, a, 5, 5, 7 is the same in each case. If the forces due to viscosity are negligible, 
compared with those arising from the compressibility or elasticity of the fluid, then the criterion 
for similarity is the Mach number 2, s., defined as the ratio of the local velocity to the speed of sound 
at the local temperature. This lat ter  speed is that  at which disturbances of small amplitude are 
propagated in the fluid. Both Reynolds and Mach numbers have certain critical ranges in which 
the flow pattern experiences considerable changes. 

Since air is both viscous and compressible, the motions round the prototype body, and the scale 
model in the tunnel, will only be t ruly similar if the Reynolds and Mach numbers are separately 
identical. At high Mach number, however, it is difficult, if the prototype body is large, to achieve 
full-scale Reynolds number without a very large expenditure of power. Indeed, there is no 
British tunnel which enables this identi ty of Reynolds and Mach numbers to be achieved if the 
latter is high. 

In order, therefore, tha t  the results of high-speed tunnel tests may be applied to the motion of 
the prototype body, it is necessary to assume that  at high Mach number the influence of the 
viscous forces is small compared with those due to compressibility and, therefore, if identi ty of 
Mach number is achieved a large Reynolds number difference may be tolerated provided tha t  the 
Reynolds number is not in a critical region. The extent to which this assumption is iustifiable 
is uncertain, particularly as it is generally accepted 1° that  the mechanism of the shock-stall is 
closely associated with the inter-action of shock-waves and boundary layers ~,1~,12,14 There is, 
indeed, very little information concerning the influence of Reynolds number on the flow round 
a body at high Mach number. The most obvious comparison is between the results of high-speed 
tunnel tests and flight tests at the same Mach number but increased Reynolds number. Such 
comparisons have been made, however, only in a small number of cases owing to the limited 
number of flight tests that  have been carried out, and the difficulties of instrumentation in these 
tests: 

Even if identi ty of Mach number is achieved, and it is assumed tha t  the Reynolds number  
discrepancy is tolerable, there may still be differences between the tunnel and free-air flows 
which have an important  effect on the forces experienced by a body. In this connection 
differences of the turbulence and humidity of the airstream must be considered together with 
the interference due to the constraint of the boundaries of the working section. In certain cases 
it may also be necessary to consider tile relaxation time 15,15 of the working fluid and its behaviour 
on approaching its liquefaction point. 17,~8. 

To provide information on these points (and also to give information in the transonic velocity 
region) comparative tests have been made in this country, 1° in Germany, ~°, 21 and in the United 
States, 22 between models in a tunnel and models either dropped from an altitude or projected into 
free air. 

There is little systematic evidence on the effects of turbulence mainly because of the extreme 
difficulty of obtaining a quanti tat ive measure of turbulence at high Mach number. Airstream 
turbulence does, however, appear to have a considerable effect on the flow around a model 
particularly in the transonic speed range, and the wind-tunnel turbulence estimated by this 
criterion appears to be influenced considerably by the arrangement and uniformity of the gauze 
screens at the tunnel intake, 



The interference of the tunnel walls may be eliminated at all Mach numbers by  shaping them 23 
to coincide with streamlines of the flow round the body in an unlimited stream. This method 
has proved valuable in subsonic tests on two-dimensional bodies at tile National Physical 
Laboratory, but at Mach numbers close to uni ty  it becomes very difficult to determine the correct 
wall shape accurately. At supersonic speeds it is, in general, not necessary to shape the walls 
in the manner described% 

The humidity of the airstream may be of considerable importance since the condensation of 
moisture accompanied by the release of latent heat may have an appreciable effect on tile flow. 

I t  is customary to refer to velocities below the local speed of sound as subsonic, and to velocities 
in excess of this speed as supersonic. A region of velocity centred approximately about the local 
speed of sound and characterized by the existence in the flow pattern of regions of both subsonic 
and supersonic velocity is referred to as the transonic or mixed velocity range. 

The apparatus which is used in the Aerodynamics Division of the N.P.L. to invest igatethe flow 
round bodies at high Mach number will be briefly described in this section of the monograph. A 
second section "5 will describe the experimental techniques which are used, and a third "" section 
some of the more important  experimental results obtained during and immediately before the war. 

1.2. The Production of an Airstream of High Mach Number.--The high-velocity airstream 
at the working sections of the wind tunnel is produced by an acceleration from rest and approxi- 
mately  atmospheric conditions. This acceleration takes place in a continuous channel of varying 
cross-sectional area termed the effuser and may be regarded as isentropic. Using the equations 
of state and of constancy of total  energy together with the equations for isentropic pressure changes 
it  is possible ~7 to obtain relations between the Mach number at the working section and the 
pressure, density, temperature and velocity at this region in terms of the stagnation values. 
Moreover, by the use of Sutherland's equation "8 or a simple power relationship ~9, it i s  possible to 
calculate the viscosity of the air at the working section from the temperature computed above. 
Thus, the Reynolds number of an experiment on a model placed in the working section may be 
expressed in terms of the Mach number and the stagnation conditions of the airstream. Some of 
the more important variables are plotted as functions of working-section Mach number in Figs. 1 
and 2 for standard atmospheric stagnation condit ions.  

On the assumption of an isentropic expansion, the mass velocity (p V) rises to a maximum at 
a Mach number of uni ty  and then falls again with further increase of Mach number. In a con- 
tinuous channel the cross-sectional area must (on the assumption of approximately constant 
conditions across a cross-section) be inversely proportional to the mass velocity in order to satisfy 
the condition of continuity of mass flow, and it is, therefore, clear that  whilst tile cross-sectional 
-area must be decreased in order to accelerate a subsonic flow the converse is true if the flow is 
initially supersonic. Thus, in order to produce a supersonic flow it is necessary first to contract 
the channel to a throat  3°,81,3~ at which the velocity will be approximately equal to the critical 
sonic value, and then expand the channel in order to produce further accleration to a supersonic 
velocity. Such a convergent-divergent channel placed a t  the upstream end of a high-speed 
tunnel is usually referred to as a supersonic effuser or nozzle. 

No such nozzle is required for a subsonic tunnel in which a range of Mach numbers may be 
obtained by adjusting the working-section pressure in accordance with the curve given in Fig. 1. 
A limit to the working-section Mach number is, however, reached when the velocity across ally 
section becomes equal to the sonic value at the local temperature. Conditions then become 
critical in the sense that  the mass flow through the tunnel reaches a maximum value, and the 
tunnel is referred to as choked. Further decrease of pressure downstream of the section at which 
choking has taken place then produces no further increase of velocity upstream. 

If a supersonic effuser is fitted, the ratio of the throat  area to that  of the working section A*/A 
will determine approximately the mean working-section Mach number which is achieved according 
to a relationship similar to that  plotted in Fig. 2~ This curve indicates only the area ratio, 



however, and gives no indication of the geometry between the throat  and working section. This 
geometry is of some importance if a uniform flow is to be achieved at the working section and 
will be further discussed in Part  II. Only one supersonic Mach number may be achieved for a 
a particular nozzle geometry, and if a range of Mach number is required it is necessary to have 
either a number of separate nozzles or adjustable tunnel walls. 

Considering once again the curve of mass velocity plotted in Fig. 2 it would appear to be 
impossible to pass continuously from a subsonic to a supersonic, or from a supersonic to a subsonic, 
velocity in a channel of constant cross-sectional area. A deceleration from a supersonic to a 
subsonic velocity may, however, also take place discontinuously through a normal shock- 
wave 8, 9, 3~, 34. Deceleration through a convergent-divergent channel may, in theory, be isentropic, 
but  deceleration through a shock-wave is accompanied by an increase of entropy, and if the flow is 
to be maintained power must be supplied continuously from an external agency. Such a shock- 
wave at the downstream end of the working section of a supersonic tunnel is referred to as the 
tunnel or breakdown shock-wave. A disconeinuous acceleration from a subsonic to a supersonic 
Mach number cannot take place since this would involve a decrease of entropy and a violation 
of the second law of thermodynamics. The changes which take place through a normal com- 
pressive shock-wave are shown in Fig. 3(a). 

The variation of static pressure with working-section Mach number is shown in Fig. 1 for an 
isentropic acceleration. T h e  relation be tween  these two quantities is commonly used to 
deduce the l a t t e r  from a measurement of the former. Fig. 1 also shows the fall of temperature 
which accompanies the acceleration. I t  should be noted tha t  this temperature is not reached 
by  a body placed in the flow, nor by the tunnel walls, since it may be shown 35, 36, 37 that  re-heating 
to a temperature very close to the stagnation value occurs in the boundary layers of these surfaces. 

From Fig. 1 it may  be seen that  if a fundamental linear dimension of the model (this may be 
the aerofoil chord) and the stagnation pressure are constant,  the Reynolds number of the 
experiment rises to a maximum at a Mach number of about 1.2. The dynamic head (lp V ~) rises 
to a maximum at a Mach number of ~/2 and the kinetic energy per unit area (1/2pV 3) at ~/3. 
This is shown in Fig. 2. 

In the Aerodynamics Division of the N.P.L. no at tempt  has been made to use a second 
.convergent_divergen t duct or other form of supersonic diffuser when the working-section velocity 
is supersomc. Thus the supersonic recompression is always through an approximately normal 
shock-wave. At the Mach number commonly used in these tunnels, however, (M < 1.5) there is 
evidence 3s tha t  in practice, it is difficult to achieve diffuser efftciencies in excess of that  given by 
a normal shock-wave. At higher Mach numbers, however, increased efficiencies may be obtained 38 
by suitable design. The ratio of the total head at the tunnel intake to tha t  at the diffuser exit 
(termed the overall tunnel  pressure ratio) is plotted in Fig. 3(b) as a function of working-section 
Mach n u m b e r .  Three curves are given; one applies to the case in which the supersonic 
recompression takes place through a normal shock-wave followed by completely efficient subsonic 
diffusion. A second curve applies to a normal shock-wave without subsequent subsonic diffusion, 
and a third shows values obtained in practice. In the first two curves the losses occurring in 
the supersonic diffusion have been calculated from the simple shock-wave equations. 

1.31 Gemral Description a~d Power Suflflly.--Considering the channel sketched in Fig. 4(a), 
the air accelerates isentropically from rest at atmospheric conditions at the tunnel intake up to 
the working-section Mach number. Recompression then takes place in the diffuser. If the whole 
process is isentropic, and recompression is complete (that is, there is no residual kinetic energy at 
the diffuser exit) then no power is required to maintain the flow. In practice, however, there is 
a gain of entropy due to losses of total  head arising from skin friction, eddying motion and in 
shock-waves. Moreover, because of the adverse pressure gradient, conversion of kinetic to pressure 
energy in the diffuser is seldom efficient, and in an open circuit tunnel there is always some 
rejection of kinetic energy at tile diffuser exit. Thus, to maintain the flow, it is necessary to 
supply an amount of energy to the airstream which is equai to that  dissipated in these losses. In 
the National Physical Laboratory (N.P.L.) high-speed tunnels this energy is supplied by an 
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annular jet of air issuing with high velocity from a slot into the tunnel downstream of the working 
section. This jet mixes with the air in the tunnel and induces a flow through the working section. 
The high-velocity jet is, therefore, referred to as the inducing airstream, and the air flowing 
through the working section as the induced airstream. A sketch of the general arrangement 
of this ' i nduc t ion- type '  wind tunnel is given in Fig. 4(b). The inducing airstream is 
supplied from a pressure chamber which encircles the tunnel in the region of the injector 
slot. The pressure chamber is supplied by a pipe system from compressed-air- storage 
reservoirs which are charged by reciprocating compressors. For subsonic operation the 
velocity of the induced airflow depends on the pressure in the pressure chamber which is regulated 
by a throttle valve of the gate type situated in the pipeline between the compressed-air reservoir 
and the tunnel pressure chamber. For supersonic operation it is found that  the velocity is 
independent of the blowing pressure provided that  the value of this pressure lies between certain 
well defined limits (.see section 1.10). Since the pressure in the pressure chamber may be high 
and considerable pressure differences may exist between the interior of the working section and 
the surrounding atmosphere, the tunnels are of robust construction, the main structure being 
of steel. 

1.4. History of the High-Speed Tunnels in the Aerodynamics Division of the National Physical 
Laboratory,--The first British high-speed tunnels were constructed by Stanton 39' ~0 in the  Engin- 
eering Division of the N.P.L. from 1921 onwards. In these early tunnels, which weie of very small 
working-section size (0.8 ~n. diameter and 3 in. diameter), a number of projectile and aerofoil 
models ~1,~2 were tested at bo th  subsonic and supersonic velocities. These tunnels were operated 
by the direct discharge of compressed air from either a compressor or reservoir. 

The first high-speed tunnel in the Aerodynamics Division, N.P.L., was installed in 1935 in the 
Compressed Air Tunnel ~3 (C.A.T.) building and was of circular cross-section with a working-section 
diameter of 12 in. I t  was operated on the induction principle by the discharge of air from the 
C.A.T. at the completion of a run at high Reynolds number. Thus, the frequency and duration 
of runs by  this high-speed tunnel were controlled by the C.A.T. test programme. This high-speed 
tunnel installation was in all respects very similar to the National Advisory Committee for 
Aeronautics (U.S.A.) installation ~4 constructed in 1928 to operate from the American Variable 
Density Tunnel ~. From November 1935 until  May 1939 a considerable number of tests at subsonic 
working-section velocities were carried out in this tunnel under the direction of Mr. C. N. H. Lock. 
During this period an experimental investigation into the possibility of building a high-speed 
induction type tunnel of rectangular cross-section with adjustable wails at the working section 
was carried ouO 6 in the Engineering Division, N.P.L., under the direction of Dr. Gough. 

In 1939 the circular high-speed tunnel was moved to its present position in the new High-Speed 
Tunnel laboratory with a separate compressed-air storage capacity charged by the existing 
C.A.T. compressors. Before installation in the new building, modifications, which had been found 
desirable during previous runs, were made to the tunnel design. The modified tunnel was first 
run in its new position in November, 1939. 

A tunnel of rectangular cross-section with a working section 20 × 8 in. fitted with adjustable 
walls on its two shorter sides to reduce the wall interference was completed in May, 1941. This 
tunnel, which was intended for tests at subsonic speeds on aeroIoil models completely spanning 
the working section, was operated on the induction principle and was housed in the new building. 
The compressed-air supply was drawn from the existing storage capacity. 

In November, 1943, the original circular tunnel was fitted with a convergent-divergent effuser 
upstream of the working section and was successfully operated at a supersonic working section 
Mach number of 1.4. Since this date a number of tests at supersonic velocities have been made 
in this tunnel at Mach numbers of about 1-2, 1-4 and 1.55. The 20 × 8 in. tunnel has also 
been run empty at a low supersonic Mach number (1.15) by using the adjustable walls to form 
a convergent-divergent nozzle. 



Since 1942 when a tunnel of working-section dimensions 5 × 2 in. was transferred to the new 
building from the Engineering Division, a number of small tunnels each devoted to specialised 
research work have been constructed to operate from the new compressed-air storag,  reservoirs. 

Experimental  work carried out on the 12-in diameter tunnel has led to the publication of some 
45 Aeronautical Research Council (A.R.C.) reports of which 10 were issued whilst the tunnel was 
in the C.A.T. building. Experiments made in the 20 × 8-in. tunnel have been described in 
24 reports and work carried out in the other smaller tunnels in about 14 reports. Altogether 
some 125 A.R.C. reports were prepared by the High-Speed Tunnel staff before September, 1945, 
those not mentioned above being of a theoretical or generM nature. A list of the reports is given in 
an Appendix to Part  I I I  ~° 

Up to June, 1945, all the high-speed tunnels had been of the open-circuit type, but in this 
month return ducts were fitted to the two larger tunnels and one of the smaller tunnels so that  the 
airstream could be dried. Most of the work to be described was, however, carried out before the 
return ducts were installed. 

1.5. Description of tJ¢e Installation at the Aerodynamics Division N.P.L.--A plan of the high- 
speed wind-tunnel installation of the N.P.L. Aerodynamics Division is given ill Fig. 5(a), and a 
photograph of the interior of the tunnel room in Fig. 5(b). This plan shows the installation as it 
was in May, 1945, and the corresponding elevation is shown in Fig. 5(c). A sketch of the recently 
fitted return ducts is-given in Fig. 5(d). The two largest tunnels alone, and only the main 
supply pipework are shown for clarity. A network of piping with a maximum operational 
pressure of 100 lb/sq in. supplied from the receivers through a reducing valve is not shown in full. 

A bat tery  of three intercooled three-stage reciprocating compressors situated in the Compressed 
Air Tunnel building may be used singly or in parallel to charge three compressed-air storage 
receivers at the rear of the High-Speed Tunnel Laboratory through a 4-in. diameter main. The 
compressors were manufactured by Messrs. Fullerton, Hodgart  and Barclay and operate at a 
constant speed of 300 r.p.m. Each was designed to give a constant delivery of 1100 c u f t  of free 
air per minute at all delivery pressures up to the maximum of 350 lb/sq in. gauge, with an 
isothermal efficiency of 80 per cent. Each compressor is driven by a Crompton-Parkinson auto- 
synchronous motor absorbing 400 horsepower at maximum compressor delivery pressure. The 
three storage receivers together have a total  volume of 5,000 cu ft, and a maximum storage 
pressure of 350 lb/sq in. gauge. The Compressed Air Tunnel has a volume of 10,000 c u f t  at the 
same maximum storage pressure. 

The compressors take in air at the ambient atmospheric conditions, and, the atmospheric 
humidi ty at Teddington being seldom below 50 per cent, and the compression sensibly isothermal, 
a considerable amount of condensation occurs in the compressed-air storage receivers. Pools of 
water collect in the bases of the receivers, and are periodically removed through drain cocks 
provided for this purpose. 

The inducing-air supply for the tunnels is drawn from the receivers through 6-in. diameter mains 
discharging into a pipe whose diameter expands from 6 in. at the first receiver to 9 in. downstream 
of the third receiver. The flow of inducing air from this pipe to the two largest tunnels is 
regulated by throttle valves of the gate type and smaller by-pass valves. The larger thrott le 
valves are of 6-in diameter, the pipes leading from the 12-in. diameter main to the two tunnels 
being of this size. Valves arranged in the pipework between compressors and receivers, and 
receivers and the supply main to the tunnels enable any of the receivers to be isolated. Provision 
is also made to supply the high-speed tunnels from the C.A.T. when this is available as a storage 
reservoir. 

Apart from the two larger tunnels shown, there are (at May, 1945) three smaller tunnels 
situated in the tunnel room devoted to speeialised research work. These are supplied with 
inducing air from the storage receivers, two of them through a reducing valve designed to limit 
the maximum inducing-air pressure to 100 lb/sq in. gauge. 
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A 5½-horse power '  Broomwade ' rotary vacuum pump situated in the tunnel room may be used 
to evacuate a suction receiver of 200 cu It volume or one of the three larger storage receivers. 
Suction mains are situated near to both of the largest tunnels. 

1.5.1. The 1-ft Diameter Tunr~el.--The 1-ft diameter tunnel in its present form is sketched in 
Fig. 6(a), and photographs of the tunnel in its original and present forms are shown in Fig. 6(b). 
I t  is mounted with its axis vertical and draws air from the intake chamber beneath tile tunnel 
room floor and discharges it through the roof. The portion of the tunnel upstream of the injector 
slot is made up in cylindrical sections which mate into each other and into the tunnel intake and 
pressure chamber. These sections may be removed by lowering the tunnel intake on four 
supporting screws, and replaced by  other sections to give differing tunnel characteristics. In 
this manner one of a number of effusers may be inserted upstream of the working section to enable 
a supersonic velocity to be obtained there, and the balance shown in position in Fig. 6(a) may be 
replaced by  a cylindrical section of ' Perspex'  to permit flow visualization. 

The injector slot (Fig. 7) is annular, and of constant width (0. 105in.) round the tunnel periphery. 
The mixing chamber and diffuser is a cone of 62 deg full angle and exit area-expansion ratio 
(based on working-section area) 7½, the divergence being continuous from injector slot to diffuser 
exit. The injector design is such that  the inducing air is injected in a direction parallel to the 
axis of the tunnel. The inducing-air supply is led into the pressure chamber through a single 
radial pipe, and radial perforated baffles are arranged in the pressure chamber in an a t tempt  to 
ensure a uniform flow from the injector slot. 

The original intake was surrounded by a hexagon of 100-mesh gauze, and had six straightening 
vanes parallel to the tunnel axis arranged radially in the intake at 60 deg intervals to remove any 
large-scale swift. Recently a new intake has been fitted, and this is shown in Fig. 6(c). The 
bottom of the intake is solid so that  the whole of the induced air enters the intake space in a radial 
direction before turning through a right-angle and passing into the tunnel contraction. The 
contraction was not designed by a theoretical method but on the basis of experimental experience, 
the contraction ratio of the metal flare being 16: 1. 

The aerofoil models tested in the tunnel are normally of 2-in. chord and completely span the 
tunnel. Apart  from the balance shown in the sketch (see Part  I P )  provision is made for the 
measurement of profile drag by total-head traverse of the aerofoil wake. Tests have also been 
made on three-dimensional bodies supported on the axis of the tunnel. In these tests successful 
force measurements have been made by tile use of electrical strain gauges of the resistance type. ~5 
With aerofoils of moderate thickness at zero incidence subsonic tests at Mach numbers up to 
about 0.85 may be made, and effusers for supersonic operation at Mach numbers of 1.2, 1.4 and 
1.6 are available. 

The possible duration of the tunnel run before the storage receivers are exhausted depends on 
the nature of the model and the Mach number of the test, but it is of the order of from 2 to 
3 minutes at the highest test Mach numbers. This period is found to be adequate for the necessary 
experimental observations. 

1.5.2. The 20 × 8-in. Rectangular Tunnel.--The 20 × 8-in. tunnel is sketched in Fig. 8(a) and 
also shown in Figs. 8(b) and 8(c) ; the general arrangement is similar to that  of the 1-ft diameter 
tunnel. Upstream of the injector slot the walls on the two shorter sides of the tunnel are of 
0.020 in. spring steel and may be adjusted by a number of micrometers% The tunnel is intended 
primarily for the testing of aerofoil models at subsonic speeds. The models completely span the 
tunnel between the two larger sides and are normally of 5-in. chord. They are mounted at the 
centres of turntables which may be rotated to vary  the incidence and have glass walls which 
enable the flow to be observed optically. 

At the downstream end of the  adjustable tunnel walls there is an adjustable throat  which may 
be closed until  the velocity in this region becomes equal to the critical sonic velocity% This 
method may be used to regulate the tunnel speed and achieve steadier conditions at the working 
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section. Static-pressure holes in the flexible walls at each micrometer, and in the region of the 
flexible throat, enable the walls to be set to the pressure distributions corresponding to minimum 
model interference 25. There are 17 micrometers on each side of the tunnel, the spacing being 
1½ in. in the region of the model and 3 in. elsewhere. The adjustable throat  has two adjusting 
screws on each side of the tunnel. 

There is no balance, and the forces experienced by the model are deduced either from 
explorations in the model wake, or by  pressure-plotting observations at the model surface. 

The pressure chamber completely encircles the tunnel, and the injector slot, Fig. 7, is continuous 
round the four walls and is 0. 067 in. wide. The injection of inducing air is parallel to the tunnel 
axis and there are two inducing-air entries to the pressure chamber arranged at the centres of the 
two longer sides. The mixing region and diffuser is of rectangular cross-section and diverges 
continually from the injector slot to diffuser exit. The area-expansion ratio of the diffuser at 
exit (based on working-section area) is 7, and the equivalent conical angle of expansion (based 
on rate of area increase) is 8 def. 

By use of the adjustable walls, models may normally be tested up to Mach numbers of from 
0.85 to 0-90 and the running time at top speed is adequate for all but the longest experimental 
observations (about 4 minutes at the highest speed). 

1.5.3. The 5 × 2-i~. Tu~ml.--This tunnel was originally situated in the Engineering Division 
N.P.L. ~6 but was moved to the Aerodynamics Division in 1942. The tunnel in its present form 
is shown in Fig. 9 and it was used to make the original experimental investigations leading to the 
design of the 20 × 8-in. tunnel. It  may be fitted either with adjustable walls on the two shorter 
sides for subsonic operation, or rigid effuser liners for supersonic operation. Glass plates may be 
placed on the two longer sides for flow visualization. 

The tunnel has been used in the Aerodynamics Division for experiments in connection with 
the use of boundary-layer suction on an aerofoil at high subsonic speeds~L and for pressure plotting 
and flow photography ~8 on wedge sections at a supersonic Mach number (1.4). 

1.6. The Advantages of the I~ductio~ Primiple.--The original adoption of the induction 
principle for the high-speed wind tunnels in the Aerodynamics Division of the N.P.L. must to 
some extent be at tr ibuted to the existence of the compressed-air supply which was available from 
the compressor installation and storage capacity of the Compressed Air Tunnel. There are, 
however, certain advantages inherent in this type of tunnel which make it very suitable for use 
at the N.P.L. I t  should, perhaps, be stated at this stage that  many of these advantages are of 
an economic rather than a technical nature. 

The power required to operate a high-speed tunnel of moderate size is large, and it is possible 
that  tile available power supply may be inadequate. Moreover, the power requirements are of 
an intermittent  nature and may be unsuitable for the supply system (which may be the electricity 
grid). By the use of the induction principle with receivers to store energy in tile form of compressed 
air (or any system involving the direct discharge of compressed air, or discharge into an evacuated 
reservoir), the power requirements may be reduced to a low continuous load. The induction 
principle is more favourable at Mach number below about 1.5 than a system involving the direct 
discharge of compressed air from storage since, by suitable design, it is possible to obtain mass 
ratios considerably greater than uni ty  in the former case. In tunnels of the latter type, moreover, 
it may  prove difficult to maintain a constant total  head and stagnation temperature in the working 
section of the tunnel as the storage receiver pressure and temperature fall during the tunnel run. 
The storage of energy by evacuation is not economical in the initial cost of the installation since, 
if the tunnel is of appreciable size and the required duration of run long, the necessary volume 
of the evacuated receiver may become very large. 

I t  may, however, prove necessary to adopt one of these two direct-action systems if high 
supersonic Mach numbers ( > 2.0) are required in the working section of the tunnel, since there 
is some evidence at least in the case of a single-stage injector of the type now used that  the 
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induction principle is unable to maintain the pressure ratios required for operation at these Mach 
numbers. If this becomes necessary, an adequate supply of compressed air is already available 
for a direct blow-off tunnel in the storage receivers used at present for induction drive. 

By a sufficiently rapid expansion of the stored air, extremely high powers may be obtained, 
and the installation is, therefore, very flexible. For example, the 1-ft diameter tunnel, which 
was originally intended for use for subsonic tests, has recently been operated extensively at 
supersonic Mach numbers without the provision of any additional equipment other than a super- 
sonic effuser section, although the power requirements are considerably increased. 

In an induction-type installation, the tunnels may be of a comparatively simple nature, and the 
major fraction of the total initial cost of the installation lies in the compressor and storage 
receivers. When a central set of compressors and storage receivers has been installed, an 
indefinite number of tunnels may be constructed at relatively low cost without separate power 
plants, and by a suitable arrangement, the whole of the available storage capacity may be made 
available to any tunnel. This has, in fact, been done at the N.P.L. where first the 20 × 8-in. 
tunnel and then three smaller tunnels were constructed to operate from the original storage 
receiver of the l-It tunnel, and where it is proposed to construct the 18 × 14-in. tunnel% 

The induction system has a considerable advantage over a system involving the use of com- 
pressors in the tunnel circuit in t h a t  tunnels operating on the former system require no elaborate 
cooling apparatus since the compressed air may either be cooled as it leaves the compressor (the 
rate of flow being small), or allowed to cool in the storage reservoirs. In a continuously operated 
direct-action tunnel the cooling apparatus may be of a complicated nature (e.g., the Royal 
Aircraft Establishment High-Speed W i n d  TunneP°), although a relatively simple system of air 
exchange has been used with some success in certain high-speed tunnels (e.g., 2- 7 m at D.V.L.)SL It  
should be pointed out, however, that  the fall of stagnation temperature observed in the N.P.L. 
return-flow induction type tunnels (and which is inevitable with tunnels of this type) will aggravate 
difficulties associated with the condensation of water vapour in the working section, and it has 
been suggested that  electrical heaters be installed in these tunnels. 

The compression of the inducing air for storage has proved an extremely convenient method 
of drying the air used in the tunnel circuits at the N.P.L. 

I t  is doubtful if the efficiency of a tunnel of the induced-flow type on a continuous basis (without 
storage) can be  as great as that  of a tunnel driven by a fan or internal compressor. I t  would, 
therefore, seem that  if continuous or semi-continuous operation is required a fan-driven tunnel 
will be used in preference to an induced-flow tunnel. In Fig. 10, the energy ratios (see section 
1.8.1) of the existing N.P.L. tunnels expressed on the assumption of continuous operation (without 
storage) are compared with those of the R.A.E. and D.V.L. fan-driven tunnels. The curve for 
the 2-}-in. tunnel may be compared with those of the fan-driven tunnels since the former tunnel 
was designed to operate efficiently continuously (i.e., without storage) although the assumption 
of isothermal compression may be questionable in this case. Since, however, the 1-ft diameter 
and 20 × 8-in. tunnels were designed to operate intermittently,  a comparison between the energy 
ratios of these tunnels expressed on the basis of continuous operation (without storage) with those 
of the fan-driven tunnels may be misleading. This matter  is further discussed in section 1.8.3. 
I t  appears that  the highest efflciencies which have so far been obtained with an induction-type 
tunnel (see curve for the 2}-in. tunnel) are at subsonic speeds comparable with those of the R.A.E. 
tunnel. A comparison of the efficiency of the latter with that  of the D.V.L. tunnel indicates, 
however, tha t  the R.A.E. tunnel may be rather an inefficient example of a fan-driven, high-speed 
tunnel. 

The flexibility and simplicity of the induction system which makes it very suitable for research 
work of a fundamental nature, and the limited nature of the available power supply have led to 
the choice of the induction system in the proposals for new high-speed wind tunnels in the 
Aerodynamics Division of the N.P.L. I t  is proposed, however, to consider the design of some 
form of direct-action supersonic tunnel for the Aerodynamics Division even though a model 
induction-type tunnel has succeeded in reaching a Mach number of 2.0 (very inefficiently). 
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1.7. Variation of Stagnation Temperature in a Closed-Circuit Tunnel.--If  the stagnation 
temperatures of the induced and inducing airstreams differ, and are represented by T~ and TA 
respectively, it is clear that  in the simplest case of an open-circuit tunnel, the stagnation 
temperature T~ of the airstream after mixing will b e given by:  

C, TA + m C,T~ ---- (m + 1)C, TB . . . . . . . .  (1) 

TA + mT.  
or TB--  m +  1 . . . . . . . .  (2) 

where m is the mass ratio. 

In the case of a closed (return)-circuit tunnel, it may be assumed that  the stagnation temperature 
of the induced air at the working section is equal to that  of the induced and inducing airstreams 
after mixing, and it is necessary to express equation (2) in differential form obtaining an equation 
for the rate of fall of stagnation temperature at the tunnel intake in terms of the stagnation 
temperature of the inducing airstream, the rate of supply of inducing air, and the volume of the 
tunnel circuit. 

If it is assumed that  there is no change of the stagnation temperature of the inducing air at the 
throttle valve, and therefore, that  the stagnation temperature of the inducing air is equal to the 
temperature of the air in the storage receivers, it is possible, by assuming some arbi t rary  equation 
for the mode of expansion from the storage receivers, to obtain an expression for the rate of change 
of receiver temperature (and therefore inducing-air stagnation temperature) in terms of the 
initial storage conditions and the rate of discharge to the tunnel. I t  is thus possible to express 
the rate of change of stagnation temperature at the tunnel intake in terms of the dimensions of 
the installation, the initial storage conditions, and the rate of discharge of inducing air to the 
tunnel, it being assumed that  there is no heat transfer through the tunnel walls. 

Since no at tempt  is made to conserve any internal (i.e., heat) energy acquired by the inducing 
air in compression before storage, the most efficient compression cycle is the isothermal. This is 

approximately  achieved at the N.P.L. by the use of three-stage intercooled compressors. Thus 
the temperature of the stored air before a tunnel run will be approximately equal to that  of the 
atmosphere. During the tunnel run the receiver temperature will, in general, fall because of the 
rapid expansion of the stored air. Thus, in general, the stagnation temperature at the intake of 
a closed-circuit tunnel of the induction type will also fall during a tunnel run from a value equal 
to tha t  of the atmosphere at the beginning of the run. I t  is clear that  this fall of temperature is 
basically due to the extraction of heat from the air during compression by the compressor inter 
and after coolers, tn  fact, an installation of the type used at the N.P.L. incorporates inherently 
the simplest possible type of air refrigerator in the isothermal--quasi adiabatic compression-- 
expansion cycle of the inducing air. 

The fall of stagnation temperature predicted by the above argument is observed in the 1-ft 
diameter and 20 × 8-in. tunnels now that  they have been fitted with return ducts. The observed 
temperature fall is less than that  calculated on the above assumptions, since the tunnel structure 
has a considerable thermal capacity, and heat transfer occurs through the thin metal walls of 
the return circuit and elsewhere in the tunnel circuit. A typical example of the observed fall 
of stagnation temperature is shown in Fig. 11. 

1.8. 
Notation : 

Suffix 

The Efficiency of Induction-Ty~e Tunnels. 

0 
Z~ 

S 

i 
t 

atmospheric conditions. 
working-section conditions. 
conditions at injector slot. 
receiver conditions at the beginning of a tunnel run. 
receiver conditions after running time t. 
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Symbols A 
P 

P 
a 

M 

cross-sectional area. 
blowing pressure (defined below). 
pressure. 
density. 
velocity of sound. 
Mach number. 
mass ratio (defined below). 

I t  is convenient to express measurements of the efficiency of induction-type tunnels in terms of 
the following variables: 

(a) The blowing pressure, defined as the total head of the inducing air in the tunnel pressure 
chamber. 

(b) The mass ratio ~ defined as the ratio of the rate of mass flow of induced air to that  of inducing 
air. 

I t  has been shown that  the discharge coefficient of injector slots of the type used at the N.P.L. 
is closely equal to unity. Thus, if the ratio of the blowing pressure to tile static pressure in the 
tunnel downstream of the injector slot exceeds a value of about 2, the discharge from the slot may 
be calculated to a fair degree of accuracy on the assumption tha t  the velocity of the inducing air 
at the section of minimum cross-sectional area of the slot (normally the slot exit) is equal to the 
critical sonic velocity, and that  the acceleration from rest in the pressure chamber up to this 
velocity is isentropic. 

If this assumption is made and it is further assumed tha t  the stagnation temperatures of the 
induced and inducing airstreams are equal and that  the total  head of the induced air is 
atmospheric, the mass ratio may be written (y = 1.40) : 

( _s  3p0A  
m =  1.728M 5 + M ~ /  P A ~ "  . . . . . .  (3) 

Most of the following equations may, therefore, be expressed in terms of the blowing pressure and 
tunnel geometry. The mass ratio has, however, been retained, since it gives simple expressions, 
and the rate of supply of inducing air was normally measured in the experimental work in addition 
to the blowing pressure. 

1.8.1. Energy Ra t io . - -The  definition of the energy ratio depends on tile cycle followed by the 
inducing air before entering the pressure chamber of the tunnel. 

I t  is useful to consider two different types of o p e r a t i o n -  
(a) Tile compressor is connected directly to the pressure chamber of the tunnel so tha t  tile 

compressor delivery pressure is equal to the blowing pressure, and tile rate of mass 
delivery equal to tile rate of mass flow of the inducing air. 

(b) The compressor is used to charge storage reservoirs before the tunnel is run, and tile energy 
so stored is then used to drive tile tunnel. The power supplied to the tunnel may, in 
this case, be less or greater than the compressor power depending on the rate at which 
the stored energy is used. 

In case (1) the energy ratio may, on the assumption of isothermal compression*, be defined as 
the ratio of tile rate of flow of kinetic energy at the working section of tile tunnel to the power 
required to compress the inducing air isothermally from atmospheric conditions to the blowing 
pressure. 

* In many cases it may be more realistic to assume adiabatic compression followed by cooling to tile initial 
temperature. At the N.P.L., however, isothermal compression is achieved approximately for storage purposes. (tile 
rate of delivery being low) by using multi-stage intercooled compressors and it has, therefore been customary to base 
the energy ratio on a compression cycle o5 this type. 
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In case (b) the energy ratio must be defined, in common with that  of all intermittent tunnels, 
as the ratio of the rate of flow of kinetic energy at the working section multiplied by the maximum 
time for which it is possible to run the tunnel (with the required working-section conditions) to 
the energy required by the compressor to charge the storag e receiver ~'~. Thus, in case (b) the energy 
ratio will, for constant initial receiver and working-section conditions, be proportional to the 
maximum possible duration of a tunnel run on one receiver charge. 

The value of this latter quanti ty will depend on the method which is used to regulate the supply 
of inducing air to the tunnel. Such regulation will be necessary if constant working-section 
conditions are to be maintained, since the receiver pressure will fall continuously during a tunnel 
run. Under case (b), therefore, it is necessary to consider two alternative methods of 
regulation 52 : 

(a.I) The pressure chamber is connected to the storage receiver through a thrott le valve which 
is progressively opened, as the tunnel run proceeds and the storage pressure fall.s, to 
maintain a constant blowing pressure. In this case the injector slot area will be 
constant, and the  tunnel run will end when the storage pressure becomes equal to the 
required blowing pressure. 

(a.n) The pressure chamber is connected directly to the storage receiver so that  the storage 
and blowing pressures are equal. The area of the injector slot is then progressively 
increased as the tunnel run' proceeds and the blowing pressure fails. By this method 
it should be possible to maintain constant working section conditions throughout the 
tunnel run. 

The latter method of regulation is possible since it has been found tha t  a tunnel of this type 
may be operated over a wide range of blowing pressure by an adjustment of the area of the 
injector sloff =, % A typical family of curves showing the variation of blowing pressure with injector 
slot area for a range of working-section Mach numbers is plotted in Fig. 36. 

The two alternative methods of operation (a) and (b) will be referred to as continuous operation 
and operation from storage respectively. The two alternative methods of regulation (a.I) and (a.II) 
will be referred to as valve and variable-slot regulation. 

1.8.2. Energy Ratio for Continuous Operation.--This quantity, defined in the previous para- 
graph, may be written: 

(E.R:)I = o~V~A~,Pom po loge~ 
(4) 

I 2 

If the temperature at the tunnel intake is atmospheric this expression may be written : 

3.5ram 2 
(E.R.)I . . . . .  . . . . . . . .  (5) 

( S +  M=) (loge ~0 ) 

i ,i 

1.8.3. Energy Ratio for Operation from Storage.--Since for given working section and initial 
receiver conditions this quant i ty  is proportional to the time for which it is possible to operate the  
tunnel on the receiver charge of compressed air, it is convenient to calculate the magnitude of this 
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time first. Thus if, in tunnel running time, dt, the receiver pressure falls from p to (p  --  dp), and 
the temperature from T to (T  --  dt) and it is assumed that  the rate Of mass flow of inducing air to 
the tunnel is constant over the time element considered, 

Q dt = v - No  ( ~  - T  --  • . . . . . . . . . . .  (6) 

Neglecting second-order terms, this may  be written 

• P o T o ( T d p _ p d T ) .  QT~ dt V -~. (7) 

If t h e  expansion from the receiver is assumed to follow the arbitrary polytropic equation 
p/p'~ = constant and to start  from conditions suffix 1, then : 

T = T1 . . . . . . . . . . . . . .  (8) 

- ~ -  Pl . . . . . . . . . . . . . .  (3) 

inserting (8) and (9) in (7) and assuming that  the initial temperature of the stored air T1, is equal 
to the atmospheric temperature To 

Q at = v f 0 ;  dp . . . . . . . . . . . .  (10) 

or, in terms of the mass ratio and working-section conditions 

V m ( 5 +  M~)3 (~)/'~-l'j" 
d t =  125poaoMA~n dp . . . . . . . . . . .  (11) 

If valve regulation is used, the mass ratio and blowing pressure will be constant and 
equation (11) may be integrated between conditions suffix 1 and t to give 

v ~ ( s  + M~)3{ (f ly ,- , , , ,01 
t = 125poaoMA~ p ~ - f l '  \ N /  ] . . . . . . . . .  (12) 

If this type of regulation is used, the maximum duration of a tunnel run may be found by 
inserting the value of the blowing pressure for p, in equation (12) and Using the corresponding 
value of the mass ratio m. If variable-slot regulation is used, equation (11) may be integrated 
numerically to estimate the possible duration of a tunnel run. 

1.8.4. Energy required to charge Storage Receivers.--Since no at tempt is made to conserve any 
internal energy acquired by the inducing air in compression, the most efficient compression cycle 
is the isothermal. 

The work done by the compressor in charging the receiver may  be divided into two parts : one 
representing the work done on the air passing through the machine, and the other the work done 
on  the air already in the receiver by compressing it a s t h e  new air is added. I fpA is the pressure 
at the intake of the compressor and 150 and/5 are the initial and final pressures in the receiver the 
first quanti ty of work WI is given by 

W I =  V Ip  logoP --  

and the second quant i ty  W~ by 

W~ =- V (p - -  p°) . 

P0 loge p~ - - ( p  --  is0)1 . . . . . . . . .  (13) 
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The total quant i ty  W is therefore given by the equation 

W = V ( / 5 1 o g o P  --p61ogopP°), 

which reduces to 

= Vp loge~ -p W 
2"A 

. . . . . . . . . .  ( i s )  

if the initial pressure in the receiver is equal to the (constant) pressure at the intake to the 
compressor. 

The equations of this and the previous section enable the value of the energy ratio for. operation 
from storage (E.R.)2 to be calculated. 

1.8.5. Variation of Energy Ratio with Tunnel Stagnation Pressure.--If the tunnel stagnation 
pressure is varied, the blowing pressure will be proportional to the tunnel stagnation pressure, 
and the mass ratio will not vary. 

Thus, for continuous operation 
1 

(E.R.)~ ~: ~ . . . . . . . . . . . . . . . . .  (17) 
1oge~ 

I t  is here assumed that  the compressor-intake pressure remains constant with variation of the 
stagnation pressure. If the compressor intake is coupled to the tunnel bleed-off there will be no 
change of energy ratio with change of stagnation pressure. With constant compressor-intake 
conditions, however, there will, in general, be a change of energy ratio, as the stagnation pressure 
is varied. If the stagnation pressure is increased from atmospheric pressure to a pressure Z times 
the atmospheric pressure the energy ratios will be related by the expression 

P 
( E . R &  _ l o g o  . . .  . .  . . . . . . . . . . . .  (18 )  

x P  
( E . R . ) I  l o g o  

If the stagnation pressure is to be below one atmosphere, power will be required to maintain this 
low pressure, and the energy ratio will be equal to that  at one atmosphere. 

1.9. The Influence o[ the Tunnel Design on the Efficiency.--If the blowing pressure is known 
as a function of working-section Mach number and tunnel geometry, it is possible to predict, by 
methods similar to those outlined in the previous paragraphs, the complete performance 
characteristics of the tunnel. If certain assumptions concerning the mixing and diffuser 
efficiencies are made, it is possible to calculate the blowing pressure by methods similar to those 
used by Crocco% The validity of some of these assumptions is, however, rather uncertain, and 
it is perhaps better to measure the blowing pressure experimentally. This has been done on the 
two larger N.P.L. tunnels 57, but  since it is not possible to vary the geometry of these tunnels, the 
influence of such variations on the efficiency cannot be investigated. A model tunneP 5, 56, 57 with 
a working section of 2~--in. diameter was, therefore, constructed in 1944 to enable the influence of 
the tunnel geometry on the efficiency characteristics to be determined experimentally. 

Tile following parameters could be varied : - -  
(a) Injector slot area. 
(b) Angle of injection (defined below). 
(c) Diffuser Angle. 
(d) Diffuser exit area. 
(e) Width of injector slot around the periphery of the tunnel. 

Provision was also made for operation over a range of subsonic and supersonic Math numbers, 
variation of the working-section length, the insertion of a model into the working section and the 
use of injector slots of convergent-divergent shape. 
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The tunnel is sketched in Fig. 12(a) and shown in Fig. 12(b). For the greater part of the work 
described here it was of the open-circuit type illustrated, but  towards the end of this work a return 
Circuit was constructed. The return-circuit tunnel is shown in Figs. 13(a) and 13(b). 

The rate of mass flow of inducing air to the tunnel was measured by an orifice plate inserted in 
the inducing-air supply pipe, and tha t  of induced air deduced from measurements of the static 
pressure at the wall of the working section and of the total head at the tunnel intake. The 
blowing pressure was measured as the stagnation pressure of the air in the pressure chamber of 
the tunnel. 

Because of the difficulty of separating the influence of variations of the tunnel design on the 
efficiency of the various processes involved (mixing, diffusion, etc.) the results of the experimental 
work have been expressed in terms of variations of the overall efficiency of the tunnel. Some 
attempts have been made to analyse the experimental observations further, but these are at 
present incomplete and are not described here. 

1.9.1. EYect of Asymmetry of Ir@ctio~¢.--The inlets of the inducing-air supply to the pressure 
chambers of the l- i t  and 2~-in. diameter tunnels are asymmetrical, consisting of single radial pipes. 
A number of radial baffles are placed inside the pressure chamber of the former tunnel in an a t tempt  
to compensate for this, but  these have not been found wholly satisfactory. Fig. 14 shows the 
distribution of velocity across the exit of the diffuser of the l- i t  tunnel when the working-section 
Maeh number is 1.4. The greater part of the flow takes place in the region of the cross-section 
diametrically opposite the inlet to the pressure chamber, and, the velocity distribution across the 
working section being sensibly constant, this must be due to asymmetry of injection. On the 
21-in. tunnel compensation for the asymmetry of inlet to the pressure chamber may be effected 
by  a lateral displacement of the nozzle. This has the effect of narrowing the slot in the region 
diametrically opposite to, and widening the slot adjacent to, the inlet. The effect of such 
compensation on the velocity distribution at the diffuser exit is shown in Fig. 15 and produces 
a velocity distribution which is symmetrical about the tunnel centre-line. The peaks ill the 
velocity distributions shown are due to incomplete mixing of the induced and inducing air and are 
discussed in a subsequent section. The effect of asymmetry of injection on the energy ratio of 
the tunnel is shown in Fig. 16, from which it is clear that  the efficiency is a maximum when the 
injection becomes symmetrical. In the whole of the experimental work carried out on the model 
tunnel described here compensation for asymmetry of entry into the pressure chamber has been 
made unless a statement to the contrary is given. 

A second model tunnel, shown in Fig. 17, was constructed in 1946 with a symmetrical system 
of four inducing-air supply pipes. I t  was found that  the values of the efficiency characteristics 
measured with this tunnel were in agreement with those measured on the original tunnel 
compensated for asymmetry of entry. 

1.9.2. The I~fluence of the Diffuser Design.--In general, it appears that  the major problem of 
the design of high-speed wind tunnels from the aspect of power economy lies in the design of all 
efficient diffuser. For subsonic tunnels of the direct-action type it appears that  a simple 
divergent diffuseP 8' 59 of equivalent conical angle below about 5 deg may give a high efficiency 
provided that  the expansion ratio at exit (or at the first cascade in a closed-circuit tunnel) is 
adequate. In the case of a supersonic tunnel, diffusion to a subsonic velocity 38 must be effected 
upstream of the subsonic diffuser which may then be of similar design to that  used in a subsonic 
tunnel. At low supersonic Mach numbers it seems that  it is impossible to obtain a supersonic 
diffuser with a greater efficiency than that  of a normal shock-wave, but at high Mach numbers 
losses due both to the gain of entropy through the shock and phenomena occurring in the region 
of the interaction of the shock-wave and the boundary layer of the tunnel walls are considerable. 
Much work has, therefore, been done upon the design of efficient supersonic diffusers both in 
connection with wind-tunnel design, and the construction of entries to supersonic propulsive 
units (e.g., the ram jet or athodyd). In this connection the design of oblique shock-wave 
(Oswatitach) diffusers ~8 is noteworthy. 
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I t  has already been stated tha t  in the N.P.L. induction-type tunnels no a t tempt  is made to 
use any form of supersonic diffuser other than a normal shock-wave. Thus, it is only the influence 
of the subsonic diffuser downstream of the injector slot which has been investigated. In the 
present tunnels the channel downstream of the inj ector slot also serves as a mixing zone in which 
mixing of the induced and inducing airstreams takes place. I t  is very difficult in experimental 
work, therefore, to separate the influence of changes of the geometry downstream of the injector 
slot into its influence on the efficiencies of mixing and diffusion. This is particularly so, since in 
many cases mixing is not complete at the downstream end of the diffuser even if the area ratio 
(based on working-section area) at this region is as much as 18 to 1. The model tunnel was, for 
a large part  of the experimental work, fitted with a mixing zone of constant area 6° for about one 
diameter downstream of the injector slot before the expanding region of the diffuser commenced. 
The presence of this constant area region was found to lead to an improvement of efficiency over 
a tunnel fitted .with a diffuser expanding directly from the injector slot. This is illustrated in 
Fig. 18. An at tempt to produce further improvement of efficiency by a variation of the length 
of the constant area region (between the limits ½ to 1½ working-section diameters) was unsuccessful. 
The design of the tunnel did not permit the use of a greater range of lengths.  

In the description which follows, the first diameter of the channel downstream of the injector 
slot was of constant cross-sectional area blending into a conical divergent region of 4 deg whole 
angle. Downstream of this region the diffuser angle could be varied by the addition of separate 
wooden diffusers of either 4 deg, 8 deg or 12 deg whole angle. A faired transition piece 11 diameters 
long was inserted upstream of the wooden cone when its angle differed from 4 deg. The lengths 
of the wooden diffusers could be varied to give a range of area ratios at diffuser exit. With diffusers 
of this type it was found that,  with a high subsonic Nach number (0.9) at the working section, 
variation of the angle of the wooden diffuser between 4 deg and 12 deg had little influence, at 
constant exit area ratio, on the efficiency characteristics of the tunnel. This is illustrated by 
Figs. 19, 20, 21, where the blowing pressure, mass ratio and energy ratio (for continuous operation) 
are plotted as functions of injector-slot width for a number of different diffusers. I t  may be seen 
that  the points for the three separate diffusers of the same exit area ratio lie closely on a single 
curve. The same three efficiency variables are plotted as functions of the exit area ratio of the 
diffuser at a number of injector-slot widths in Fig. 22. 

Similar curves for a supersonic working-section Mach number (1.4) are given in Figs. 23, 24, 25, 
26. I t  may be seen that  the diffuser angle now has a considerable influence on the efficiency 
characteristics, and tha t  the 4 deg diffuser is most efficient. The 12 deg diffuser will not permit 
the required working-section Mach number to be reached at all over the larger part of the range 
of injector-slot widths. 

I t  should be noted that  the relative merits of the different diffusers are substantially inde, 
pendent of the injector-slot width so that  it is not necessary to vary the diffuser design if the slot 
width is changed. 

1.9.3. The Influence of the Injector-Slot Width and Angle of Injection.--Considering any curve for 
a constant diffuser geometry in Figs. 19, 20, 21, 23, 24, 25, it may be seen tha t  as the injector slot 
is widened the blowing pressure and mass ratio fall and the energy ratio for continuous operation 
rises. This is more clearly illustrated by Figs. 27, 28, in which the distinct curves apply to different 
angles of injection 53, 0, defined as the angle which the inducing airstream immerging from the 
injector slot subtends with the tunnel axis (Fig. 4(b)). I t  may be seen tha t  the greatest efficiency 
is attained by the use of zero angle of injection. I t  was not possible over the greater part of the 
range of slot width to achieve a supersonic Mach number of 1.37 at an angle of injection of 25 deg. 

1.9.4. The Use of an Injector of Convergent-Divergent Section.--An attempt has been made ~3 
to obtain improvements of efficiency by the use of an injector slot of convergent-divergent section 
to reduce the pressure of the inducing airstream to that  of the induced airstream before the two 
streams meet. This has, however, not proved successful, but  there is evidence tha t  this failure 
may be due to a breakaway at the section of minimum area of the slot, 
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1.9.5. Comparison Between E fficiencies of Model and Larger Tunmls.--The 2~--in. diameter tunnel 
was modified to a scale model of the 1-ft diameter tunnel (scale 1/5.3). Values of the three 
efficiency variables for the two tunnels are plotted as functions of the working-section Mach 
number in Fig. 29. From this figure it may be seen tha t  the agreement is satisfactory, the larger 
tunnel being slightly superior. The efficiencies of the 2}-in. diameter and 20 × 8-in. tunnels are 
compared in Fig. 29 at equal values of the ratio of the injector-slot area to the working-section 
area and equivalent diffuser angles and exit area ratios. The agreement between the efficiencies 
of the two tunnels is surprisingly good. 

From these comparisons it may be concluded that  apart from indicating the most efficient 
form of the tunnel design, the model results may be expected to give a fairly reliable quanti tat ive 
prediction of the efficiency of a proposed larger tunnel. 

1.9.6. The I~flueme of a Model in the Working Section.--The results given in the previous sections 
apply to an empty working section. If the extra power required to operate the tunnel when a 
model is placed in the working section is tha t  required to overcome the drag of the model in an 
unlimited flow then : 

Additional Power ---- ½pV3SCn . . . . . . .  (19) 

where Cn is the drag coefficient of the model and S the area on which it is based. I t  has been 
found56,53, 61 that ,  in wind tunnels of the induction type, the additionM power is between ten and 
twenty  times as great as tha t  predicted by equation (19) at both supersonic and high subsonic 
lVfach numbers. This large additional power requirement is due mainly to an increase of the losses 
downstream of the injector slot connected with the increase of blowing pressure required to 
supply the additional power required when the model is present. The increase of power required 
to maintain the flow when the model is present is compared with that  calculated by equation (19) 
in Fig. 30. This figure is based upon measurements made in the 2{--in. tunnel ; the drag coefficient 
of the subsonic aerofoil model being tha t  measured in the 1-ft diameter tunnel, and that  of the 
supersonic aerofoil being calculated by Ackeret's theory. Similar results are obtained in both 
the 1-ft diameter and 20 x 8-in. tunnels. 

The results of a limited number of explorations on the tunnel axis downstream of the injector 
slot at a range of blowing pressures are shown in Fig. 33 and discussed in section 1.10. These 
results give some explanation of the increased losses in this region which arise from an increase 
of the blowing pressure above the value required to maintain the flow in the empty tunnel. 

1.9.7. Influence of the Return Duct on Efficiemy.--It is found that  the return ducts which have 
been fitted to the two larger tunnels have very little influence on the efficiency, and tha t  the 
return circuit which has been fitted to the 2}-in. tunnel produces a slight improvement of efficiency 
over tha t  of an open-circuit tunnel with an exit area ratio equal to that  at the first corner of the 
return-flow tunnel. 

1.10. The I~flueme of the Injection on the Distribution of Velocity Along the Tunnel Axis .--In 
a subsonic wind tunnel disturbances arising from the injection of inducing air may be propagated 
upstream, and influence the flow round a model placed in the working section. This effect may 
be eliminated*by the use of a choked throat at the downstream end of the working section. Such 
a throat  is provided on the 20 × 8-in. tunnel, and observations at the working section have been 
made both with and without the throat  present. It  has been found tha t  no changes of the 
pressure distribution or profile drag of the model are produced by the insertion of the throat. 

Several accounts have been published of the influence of back pressure upon the flow in a Laval 
nozzle (corresponding to the effuser of a supersonic wind tunnel) 63, 64. I t  is found 6~ in a supersonic 
tunnel of the induction type tha t  variations of the nature of the injection of inducing air influences 
the back pressure on the effuser with resultant changes of velocity distribution which are very 
similar to those described in these accounts. As the blowing pressure is increased, the velocity 

* It is still possible for disturbances to be propagated upstream through the boundary layers of the tunnel walls. 
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at the working section increases until  the velocity at the effuser throat  become sensibly equal to 
the critical sonic speed. Further  increase of blowing pressure thenproduces a region of supersonic 
velocity downstream of this point terminating in a shock-wave. As the blowing pressure is 
increased this tunnel shock-wave moves downstream until  a position is reached beyond which 
further pressure increase causes the wave to recede upstream. Observations of the variation of 
tunnel shock-wave position and energy ratio (for direct operation) with changes of the blowing 
pressure made in the 2~--in. tunnel are shown in Fig. 31 at a number of injector-slot widths and 
angles of injection. I t  has been found in the model tunnel that,  for working-section lengths of 
1½, 2½ and 4 diameters, the tunnel shock-wave may be moved downstream to the injector slot if 
the angle of injection is zero. Increase of angle of injection results in an upstream movement of this 
most downstream position as shown in Fig. 32. These observations led to the assumption that  
the injection of inducing air tends to form a constriction to the flow of induced air downstream of 
the injector slot, the constriction being most severe (at constant slot width) when the angle of 
injection and blowing pressure are high. 

This assumption is part ly justified by the results of explorations along the axis of the tunnel in 
the neighbourhood of the injector slot. The results of such explorations in the 2}-in. and 12-in. 
diameter tunnels are shown in Fig. 33. These figures apply to constant injector-slot width and 
angle of injection, the blowing pressure alone being varied. The sharp drop of Mach number 
towards the left of tile figures indicates the position of the tunnel shock-wave. I t  may be seen 
that  as the blowing pressure is increased there is a tendency for the inducing air to be 
re-accelerated in passing through the constriction caused by the injection, and in some cases the 
flow on the tunnel axis may become supersonic again, the second r6gime of supersonic flow 
terminating in a second shock-wave. I t  has been indicated in section 1.9.6 that  these figures give 
some explanation of the high apparent power absorption of a model placed at the working section ; 
they also explain to some extent the high power absorption of a supersonic induction-type tunnel. 

The influence of the injector slot width on the flow in the neighbourhood of the injector slot is 
also shown in Fig. 34. These observations were made in the 2}-in. tunnel with three working- 
section lengths. I t  appears that  with the tunnel shock-wave in its most downstream position 
the constricting effect of the inducing airstream is most severe at intermediate slot widths. Since 
at very narrow slot widths the mass ratio is high, and little inducing air is injected, and at very 
wide slot widths the blowing pressure and inducing air density is low and, therefore, mixing 
occurs early, this result is, perhaps, not unexpected. 

The curves of Fig. 34 also show that  the working-section length (over the range tested) appears 
to have no effect on tile most downstream position of tile tunnel shock-wave which seems, rather, 
to occur at a fixed distance upstream of the injector slot/. 

1.11. Use of the Model Results i~¢ the Desig~ of Induction-Type Tu•mls.--The results of the 
experiments with the model tunnel indicate tha t  it is possible to design a diffuser which is efficient 
over a range of injector-slot areas and working-section Mach numbers. Such a diffuser appears to 
consist of a cone of about 4 deg whole angle preceded by a short ' mixing zone ' of constant cross- 
sectional area and about one working-section diameter long. In general, there is no great 
improvement of efficiency to be achieved by increasing the exit area ratio of the diffuser to a value 
in excess of about 8. At all injector-slot areas it seems that  the angle of injection should be zero. 

Considering a tunnel of this shape, therefore, it is possible to maintain the required working- 
section conditions with a range of injector slot areas, and, therefore, at a range of blowing pressures 
and mass ratios. The value of the injector-slot area selected will depend on the characteristics 
of the method which is adopted to supply and regulate the inducing air. 

The variation of the energy ratio for continuous operation, with blowing pressure and working- 
section Mach number is shown in Fig. 35. The most efficient operation is achieved by the use of 
a wide injector slot and a low blowing pressure. The variation of mass ratio and blowing pressure 
with injector slot area is shown in Fig. 36. The use of a low blowing pressure involves, however, 
a large mass flow of inducing air, and this may present serious ducting problems. 
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Fig. 37 shows some examples of the calculated variation of the possible duration of a tunnel 
run from a storage receiver. The initial storage pressure has been taken as 350 lb/sq in. above 
aimospheric pressure, and the index of expansion from the receiver has beei1 assumed to be 
1.2 (i.e., the expansion is assumed to follow the equation p/p~ = constant where, ~ = 1.2). The 
figure shows the variation of running time for valve regulation with variations of the area of the 
injector slot (constant throughout a tunnel run), and it may be seen that  the running time has a 
maximum value at a particular optimum injector-slot area. The occurrence of such an optimum 
value may be crudely explained by noting that  as the injector-slot area is increased the blowing 
pressure (and therefore the value to which the receiver pressure may be lowered) falls, but at the 
same time the rate of consumption of inducing air rises (i.e., the mass ratio falls). The variation 
of this optimum value of the injector-slot area with the working-section Mach number, the tunnel 
stagnation and the initial storage pressures, is shown in Figs. 38, 39, 40. 

If regulation is by variation of the injector-slot area the variation of the running time with the 
value of the area to which the slot has been widened will be similar to that  shown in Fig. 41. In 
general, it appears that  a running time some 20-30 per cent in excess of that  obtained 
with valve regulation at the optimum slot area may be obtained by this method of regulation. 
I t  may, therefore, be concluded that,  if the tunnel is to be operated from storage over a range of 
Working section and initial storage conditions, there is a strong case for the provision of an injector 
slot whose area may be varied. If possible, a continuous variation whilst the tunnel is in 
operation should be arranged, and such variation used to regulate the supply of inducing air. 

There is some evidence that  the efficiency measurements made on the model tunnel are not 
subject to serious scale effect (see section 1.9.5). Moreover, it appears tha t  provided tha t  the 
ratio of the injector-slot area to the working section area, and the equivalent angle and exit area 
ratio of the diffuser are similar, these measurements are not critical to changes of the cross- 
sectional shape of the tunnel (see section 1.9.5). Thus, as well as indicating the most efficient 
design of this type of tunnel, the measurements described may, in the absence of more reliable 
data, be used to predict quanti tat ively the performance of tunnels by the use of the simple equa- 
tions derived in section 1.8. 

Until  the 18 x 14-in. tunnel (see below) has been constructed, there is no evidence that  this 
procedure is reliable, but  it is clear that  methods similar to those described may be used to 
determine the most efficient method of operation of a particular tunnel from values of the blowing 
pressure and mass ratio measured on the new tunnel itself. Thus, if efficient operation is to be 
achieved, some time must be spent early in the life of the new tunnel in determining the variation 
of the efficiency characteristics with ch'anges of the variable tunnel components (e.g., injector-slot 
area, stagnation pressure). 

1.12. The Proposed New 18 × 14-i~. Tu~ml . - - I t  is proposed ~" to construct a new high-speed 
wind tunnel of the induction type in the Aerodynamics Division of tile N.P.L. Owing to the 
present shortage of building materials and labour, this tunnel will be housed in the existing High- 
Speed Tunnel Laboratory (Fig. 5(a)), on tile south side. The tunnel axis will be horizontal, and 
the flow in the working section in a direction away from the storage receivers. A sketch is given 
in Fig. 42; the tunnel is of the return-flow type, the return duct being above the roof of the 
building. 

Compressed-Air Storage Capacity.--It is proposed to double* the existing storage capacity (now 
5,000 cu It) by  the installation of three new receivers which will be placed above the three existing 
receivers at the rear of the tunnel room. 

Tumcel Intake Co~#ractio~¢.--This has been designed by Cheers "5 on the basis of a method due to 
Goldstein. I t  will give the necessary contraction (16.1) in the shortest possible axial length 
compatible with a favourable pressure gradient at the walls. Measurements of wall pressures in 
a model contraction have indicated tha t  the design is satisfactory over the range of speeds which 
are contemplated. 

*The capacity has been trebled by tile addition of two 5,000 cuft receivers in addition to tile three new receivers 
mentioned above. (August, 1949.) 
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Adjustable Walls.--The two shorter sides of the tunnel are to be  adjustable with a range of 
movement adequate both for the reduction of tunnel interference at subsonic test speeds, and the 
formation of an effuser for supersonic operation. Since it is not known whether it will be possible 
to form a satisfactory supersonic effuser in this manner, provision is to be made for tile easy 
removal of the adjustable walls which will then be replaced by rigid liners. The micrometer 
spacing will be 2 in. over the greater part of the length of the adjustable wall. I t  is hoped tha t  
these wails will enable an investigation to be made into the influence of a supersonic diffuser (e.g., 
in the form of a second throat) at the downstream end of the working section on the performance 
of the tunnel. 

I~jectof Slot.--The widths of the injector slots on the four sides of the tunnel are to be separately 
variable whilst the tunnel is not running and simultaneously variable whilst the tunnel is in 
operation. Thus, provision is made to compensate for any asymmetry of entry to the pressure 
chamber, and for regulation of the supply of inducing air by continuous variation of the injector- 
slot width. The limits of the injector-slot width will be zero and 1/2 in. At all slot widths the 
inducing air will enter the tunnel in a direction parallel to the tunnel axis. There are four entries 
to the pressure chamber arranged symmetrically at the extremities of the diagonals of the cross 
section. 

Mixing Region and Diffuser.--The duct immediately downstream of the injector slot will be 
of constant cross-sectional area for a short length, and will then diverge at an equivalent conical 
angle (based on rate of area increase) of 4 deg. The area ratio at the first corner will be 4.0. 
Downstream of the first corner, the cross-section changes from rectangular to circular in a 
transition length in which tile equivalent 4 deg expansion is maintained. The expansion is 
complete at the third corner at which the area ratio is 16.0. The airstream is then ducted back 
to tile tunnel intake by a duct of constant cross-sectional area through a second transition length 
from circular to rectangular cross-section. 

Cascades.--The cascade vanes will be of sheet metaP 6 and will turn the air through a right-angle 
in a single stage. Each vane will be a quadrant  in section with short tangential extensions at 
tile leading and trailing edges. The vane chord will be 8 in. and the gap chord ratio 0.25. Tile 
leading edges will be at an incidence of 5 deg. 

Set.tli~g Length.--There will be a settling length upstream of the intake contraction with 
provision for the insertion of gauze damping screens. 

Bleed-off Valve.--The bleed-off valve will be placed immediately downstream of the second 
corner and the bleed-off area will be controlled by the rotation of an annular sleeve valve encircling 
the bleed-off chamber. 

Stagnation Pressure.--By a suitable reduction of the bleed-off area it is hoped to run the tunnel 
at stagnation pressures up to three atmospheres absolute. The whole of the tunnel shell is 
stressed to withstand this internal pressure. At this maximum stagnation pressure, tile Reynolds 
number of a test for a 6-in. chord model at M = 0.9  will be of the order of seven million. 

Run~ing Time.--It is expected that  with the inducing-air storage capacity which will be 
available, the running time will be adequate for test work at all tunnel speeds? ~ 

Flow Visualizatio~.--The working section is to be provided with an adequate area of glass wall 
to enable the flow round the model to be observed optically. 

Working-Section Mach Number.--The tunnel will be operated at both subsonic and supersonic 
working-section Mach numbers up to a maximum value of about 1.6. 

Gemral.--The control of the inducing-air supply, and the  bleed-off area is to be manual in the 
first instance, but  provision is to be made for the subsequent installation of automatic control. 

The tunnel has been designed on the ' unit ' principle so that  all the major components may be 
removed and replaced readily. 
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FIG. 3(a). Changes through a normal shock-wave. 
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FIG. 8(b). 20 X 8-in. high-speed tunnel. FIG. 8(c). 20 × 8-in. high-speed tunnel. Working section. 
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PART II 

2.1. Introduction.--The experimental techniques which are used in high-speed tunnel work 
include adaptations of many  of the standard methods of low-speed tunnel technique. Thus, the 
method of pressure plotting aerofoil models 67 by the use of small pressure holes distributed over 
the surface has been used extensively in the N.P.L. high-speed tunnels. The method of profile 
drag measurement by  wake traverse 68 has also been used up to high subsonic 1Kach numbers, 
and it has been shown 69' 7o, 71 that  for most models it is sufficient, even at these speeds, to measure 
the total  head and static pressure distributions alone. A three-component electrical balance 72 
has been used to measure the lift, drag and pitching moment on two-dimensional aerofoil models 
and certain other bodies at both subsonic and supersonic speeds. 

Many of the more common methods of flow visualization which are used in low-speed tunnels 
are not applicable to high-speed tunnel practice, but  extensive use has been made at the N.P.L. 
and elsewhere of schlieren and direct-shadow techniques. 

In high-speed tunnel tests the interference of supporting wires and struts 73' 7~ may be large and 
care is needed in tile design of these components. Much of the work at the N.P.L. has been done 
with two-dimensional aerofoil models completely spanning the tunnel between the walls. In this 
case the support interference arises from tile decay of the circulation in tile boundary layers of 
the tunnels walls ~5 and from the spread of turbulence from the wall boundary layers by  transverse 
contamination78. 90. T h e s e  effects are, however, in most cases small. Some tests have, however, 
been made on three-dimensional bodies support.ed on the tunnel axis, and in this case the method 
of support has usually been by  a sting protruding from the base of the model. For this type of 
support, special methods have been developed for the measurement of the aerodynamic forces 
and moments. Normal force and moments have been measured by the use of electrical strain 
gauges76, 77 of the resistance type, and drag by a mechanical balance. 

Pitot  and static tubes have been used extensively for flow exploration, and some use has also 
been made of yawmeters of several different types. At supersonic speeds explorations have also 
been made by the observation of the inclination of the bow-waves of cones and wedges of known 
apex angle. 

Several methods have been developed 78 for the indication of the transition position on the sur- 
faces of aerofoil models at high subsonic speeds. The conventional methods of fixing transition 
appear to involve difficulties at high speeds, but  a satisfactory method has been developed ~9 and 
involves ttie introduction of minute quantities of air into the boundary layer from a spanwise row 
of small surface holes. 

Measurements of the temperature distribution over the surfaces of a model aerofoil~. ~ and other 
bodies 35 have been made by  the use of thermo-junctions buried in the model surfaces. An 
instrument for the measurement of stagnation temperature has been developed, and has been used 
to explore the wakes of aerofoil models. 

Turbulence measurements with spheres 8° have been made in the high-speed tunnels at low 
speeds, but tile measurements cannot be extended to higher speeds because of the early shock- 
stall of the sphere. I t  has so far proved impossible to develop any method for the quanti tat ive 
measurement of turbulence at high speeds. 

2.2. Regulation of Tunnel Speed.---If useful results are to be obtained with a wind tunnel it 
must be possible to maintain constant conditions at the working section for a period which is 
sufficiently long to enable the flow pattern and the readings of the measuring instruments to 
become steady, and to enable a record of the required observations to be made. If tests are to be 
made at a number of different speeds, moreover, the method of speed regulation must be capable 
of covering this range. 
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The problem is complicated in the N.P.L. installation by the continuous fall of the pressure in 
the storage reservoirs which takes place as either of the two larger tunnels is operated. Thus, in 
general, it is necessary to adjust the speed regulating device continuously whilst the tunnel is 
running to compensate for the fall of storage pressure. 

2.2.1. Regulatio~ at Comta~# I~@ctor-Slot Area.--In Part I ~1 it has been indicated that  with a 
constant injector-slot area the working-section Mach number may be varied up to a certain 
maximum (less than unity) by an adjustment of the blowing pressure. If constant conditions 
are to be maintained in the working section, therefore, it is necessary to maintain the blowing 
pressure* at a constant value. 

This method of regulation is normally used at the N.P.L. where a throttle valve is placed 
between the storage reservoir and the tunnel pressure chamber. The valve is initially opened 
until the required working-section conditions are attained, and then further continuously opened 
to maintain a constant blowing pressure as the storage pressure falls. The tunnel run ends when 
the storage pressure has fallen to the blowing pressure. 

2.2.2. Regulation by ~ Variat'ion of the I~jector-Slot Area.--This method is not used at present, 
but since it is more efficient than the method described above it is proposed to adopt it for the 
new 18 × 14-in. tunnel% The storage reservoirs and tunnel pressure chamber are connected 
without an intermediate throttle so that  the blowing pressure is always approximately equal to 
the storage pressure, and the area of the injector slot is then increased continuously during the 
tunnel run to compensate for the falling storage pressure. 

2.2.3. Regulatio~ by a Throat Dowmtream of lhe Working Section.--If sonic speed is reached 
across a section of the tunnel at the downstream end of the working section, the conditions at the 
working section will not be influenced by changes of the flow pattern downstream of the region 
of sonic speed. In particular, the conditions at the working section will not be influenced by 
variations of the injection provided that  the region of sonic speed is maintained. By a variation 
of the cross-sectional area of the tunnel at the sonic region, the mass flow and Mach number at 
the working section may be varied over a wide range up to a maximum value which occurs when 
the tunnel chokes elsewhere, lVloreover, the mass flow calculated from a knowledge of the cross- 
sectional area of the tunnel at the sonic region provides a convenient check on the working- 
section Mach number as deduced from a pressure measurement at some point upstream of the 
model. 

Thus, provided that  the power input to the tunnel is sufficient to produce the region of sonic 
speed, fluctuations of the power can have no influence on the flow at the working section. More- 
over, transient disturbances s2, s~, s~ originating in the region of the injector and in the diffuser cannot 
be propagated upstream into the working section,¢ unless they pass through the subsonic boundary 
layers of the tunnel walls or through the wake of the model placed in the working section. 

The 20 × 8-in. tunnel at the N.P.L. is fitted with an adjustable throat of the type described 
above and this has been used to regulate the working-section Mach number. In practice a region 
of supersonic velocity terminating in a shock-wave is formed in the diverging channel downstream 
of the throat and it is found that  regulation by this method leads to an appreciable wastage of 
power. Although there is now evidence s2, 83, 8~ that the influence of disturbances from downstream 
of the working section may be considerable, experiments have shown that  in the 20 × 8-in. tunnel 
the pressure distributions on model aerofoils measured with and without the throat in operation 
are in excellent agreement+. Thus, in general, the throat of the 20 × 8-in. tunnel is not used in 
routine experiments, and the method of regulation is that  described in section 2.2.1. 

* In practice small adjustments oI the blowing pressure are necessary during a tunnel run to compensate for  the 
fall of stagnaation temperature which accompanies the expansion from the receivers. 

Since such disturbances may be of finite amplitude it is strictly necessary that a region of supersonic velocity shall 
exist, at the downstream end of the working section. As described above, however, in practice such a region is always 
present when a throat is used. 

There is evidence that in many cases the injection of inducing air forms an effective throat before mixing takes place. 
Since the velocity of the inducing air immediately downstream of the injector slot is supersonic in most cases, and the 
induced air is accelerated to a supersonic velocity by the effective throat formed by the inducing air, it is possible that 
the propagation of disturbances from downstream of the injector into the working section is prevented. 
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2.2.4. Regulation at S@ersonic Speeds.--If a convergent-divergent effuser is fitted at the 
upstream end of the working section and a supersonic velocity is produced, variations of the 
power input to the tunnel only produce variations in the position and amplitude of the breakdown 
or tunnel shock-wave which defines the downstream limit of the supersonic region. Either of the 
methods in Section 2.2.1 and 2.2.2 may be used to regulate the tunnel speed and, provided that  
the blowing pressure is large enough to maintain the position of the tunnel shock-wave well down- 
stream of the model under test, small fluctuations of this pressure are found to be unimportant. 

2.3. Meas¢trement of the Tunnel Speed.--.If the acceleration of the air from rest at the tunnel 
intake up to the Working section is isentropic, the ratio of the total head at the intake to the static 
pressure at the working section is an explicit function of the working-section Mach number. 
Assuming that  the air behaves as a perfect gas with constant specific heats, the ratio of the local 
static pressure p to the total head H will be related to the local Mach number by the equation "7 

P - _ ( 2  2 
H + ( r -  1 ) M ' e  , . . . . . . . .  (1) 

where M is the Mace number and y the ratio of the specific heats at constant pressure and volume. 
For y = 1.40 equation becomes 

P - ( M ' /  (2) 
H 5 . . . . . . . . . . .  

There appears to be some uncertainty as to the value of ~ for dry air at the temperatures occurring 
in high-speed tunnels. A value of 1.40 seems, however, to be a reasonable average of the values 
that  have been suggested and leads to a considerable simplification of the equations. This value 
has, therefore, been used at the N.P.L. and R.A.E., but different values are used elsewhere in this 
country and abroad. 

It  is difficult to measure the pressure ratio of equation (2) directly and it is, therefore, more usual 
to measure the pressure difference (H -- p) and the value of H as a small difference from the baro- 
metric pressure. In the past the method of measuring (H -- p) was by a mercury manometer 
(Fig. 1) the pressure of the air at rest at the intake (H) being connected to one side, and the working- 
section static pressure (p) to the other. Thus, a visual observation of the quanti ty (H -- p) was 
obtained and read on a scale graduated in inches and tenths behind the mercury column. It was 
extremely difficult with this method to maintain an exact subsonic Math number at the working 
section since the corresponding height of the mercury column often involved odd hundredths of 
an inch and varied with barometric pressure. Thus, the need for some mechanical device enabling 
a given Mach number to be maintained easily was apparent, and the N.P.L. Mach number gauge ~ 
was constructed. 

The Mace number is a function of the ratio (H -- 2b)/H and thus, for constant Mach number 
(.H -- p)~ H . . . . . . . . . . .  (3) 

Since the pressure at the intake to the tunnel depends entirely* on the barometric pressure Ho 
equation may be written 

( t t  - p )  Ho . . . . . . . . . . .  (4) 

The Mace number gauge (Fig. 2) develops the mechanics of this statement. It consists of a 
manometric balance with a beam freely supported on two points, one located in a cup and the 
other transversely only in a groove. Two copper bellows with sealed ends, thus forming pressure 
capsules, are fixed on either side of the beam to a baseplate which forms the earth for the 
suspension unit. The free end of each capsule is connected to the balance beam by a shackle 
through a point and cup suspension giving a frictionless force transfer from the capsule to the 
beam. The earthed end of each capsule is drilled and fitted with a nipple. One nipple is connected 
to the tunnel intake pressure (H) and the other to the working-section static pressure (p). 

* Strictly the scale pan should be adjusted to a position which is dependent on tile total  head at the intake and not  
the barometric pressure. The difference between these two quantities is usually small and is due to the loss of total  
head incurred on passage through the intake gauze screens. I t  is usual at the N.P.L. to measure this pressure drop 
on a water manometer  during a preliminary tunnel run before the Machmeter is finally adjusted. 
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The centres at which the forces are transferred from the pressure capsules t o  the balance beam 
are adjusted until there is no change of moment about the point of suspension with change of an 
equal pressure applied t o  each capsule. Thus there is no change of zero with pressure change. 
The initial tension of the capsules is adjusted to a minimum so that the extra stability thus 
introduced is as small as possible. 

If L is the distance of each capsule from the point of the beam suspension, a moment is exerted 
on the beam proportional to (H - p)L.  This amount is balanced by a weight W ,  different for each 
Mach number, placed on a scale pan at  distance R from the point of suspension thus, omitting the 
constant introduced for the area of the capsules, 

. . .  . .  - * (5) 

. .  - - (6) 

(H-$)L = W R  . .  . .  

W R  cc H,. . .  . .  . .  
If the Mach number is constant equation (5) then shows that, for a constant value of L, 

If, therefore, W is to be constant for each Mach number, R must vary as the barometric pressure 
H,. The scale-pan leverage is adjustable ; the pan being suspended from a point fixed to a block 
which may be traversed along the beam by a screwed shaft rotated by a micrometer calibrated 
in terms of the barometric pressure. A balance-block of weight equal to that of the scale pan is 
traversed by the same shaft in the opposite direction t o  compensate for the change of moment 
of the scale-pan weight. 

A small secondary beam attached to  the main beam carries a rider which enables Mach numbers 
between the values corresponding to  the set of weights to be obtained. The rider beam is of 
hexagonal section and may be rotated so that any face is uppermost. Each face carries a scale 
which applies t o  a different barometric pressure, and the rider beam must be rotated until the 
scale most appropriate to the ambient barometric pressure is visible before the rider is set. This 
method of using the rider is possible over the Mach number range 0.4 to 0.9 since in this range 
the relationship between ( H  - 9) and M is approximately linear. At lower Mach numbers a 
calibration curve is used. 

An electrical indicator of the type used on many N.P.L. balances is mounted on the balance 
beam to indicate when balance is achieved. The indicator is connected to a dynamometer 
ammeter which gives a null reading when the beam is balanced as shown in Fig. 3. Damping is 
effected by an oil dashpot a t  one end of the beam, and a clamp is provided at the other end for 
locking the beam in a neutral position when not in use. 

Thus, with the scale-pan position set t o  the correct position for the barometric pressure* and 
the appropriate Mach-number weight on the scale pan, the tunnel speed is manually regulated to 
maintain a null reading on the indicator scale. This procedure is only possible at  subsonic Mach 
numbers below the choking value. When an effuser is fitted for supersonic operation the effuser 
geometry determines the working-section Mach number which is then measured by a mercury 
manometer, or by observations of the inclination of the bow-wave of a wedge or cone. 

2.4. Direct Force Measuremenzt.-For two-dimensional tests, particularly on aerofoil models, 
the method of direct force measurement by a balance is less valuable than indirect methods 
involving pressure plotting and wake traverses, since these latter methods give a clearer insight into 
the mechanism which results in a change of overall force. Apart from some early work, therefore, 
indirect force measurement has been used recently more extensively at  the N.P.L. for two- 
dimensional subsonic aerofoil tests than have direct (balance) methods. 

At supersonic speeds, however, owing to the necessarily small model chord, little pressure 
plotting has been done, and the wake-traverse method has not been used at all. In such tests 
balances have been used almost exclusively for force measurement. The original 1-ft diameter 
tunnel was fitted with a three-component electric balance of design similar to that used in the 

* See footnote on previous page. 
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C.A.T." This balance is designed to measure lift drag and pitching moment on 2-in. chord models 
of 12-in. span, and has, during the last ten years, been used extensively for this purpose. For 
three-dimensional models, particularly models including bodies in the form of solids of revolution, 
indirect methods of force measurement are laborious and, in general, balance tests are essential. 
For this purpose both the original three-component balance and specially designed ~train-gauge~~ 
and drag balances have been used in the 1-ft diameter tunnel. 

2.4.1. The Thvee-Co.llzpo?%ent Electvical Balazzce (Fig. 4) .-This balance72 is used with two- 
dimensional aerofoil models in the 1-ft diameter tunnel. In order that leakage should not take 
place from the atmosphere to the low pressure region in the working section along the ends of the 
aerofoil it was essential to design a balance which could be enclosed and operated in a chamber 
which could be completely isolated from the atmosphere. An electrically operated balance 
similar in principle to that used in the Compressed Air Tunnel'' was, therefore, designed and 
constructed. 

In principle the balance is a device for measuring the moment of the aerodynamic forces 
experienced by the aerofoil about each of three axes parallel to the span. From these three 
measurements it is possible to deduce the lift, drag and pitching moment of the aerofoil. The 
aerofoil C passes through the walls of the working section and is clamped outside the tunnel to 
two end blocks. The end blocks are arranged so that there is no discontinuity of the tunnel walls 
at  the ends of the aerofoil, and can rotate with the aerofoil model with a radial clearance of 
0 - 030 in. from the rigid tunnel walls. When measurements are being made the aerofoil and end 
blocks are rigidly attached to the main swinging member of the balance which lies in a plane 
roughly normal to the aerofoil chord. The swinging member is suspended on six strips of spring 
steel (D), under high tension, three on each side of the tunnel, arranged at  intervals of 120 deg to 
the axis of suspension. A coil (E) is attached to the end of the swinging member with its axis 
vertical and is arranged to float between two similar coils (F) and (G) which are rigidly attached 
to the main tunnel structure. Balance weights for the coil are attached to the swinging member 
on the opposite side of the axis of suspension to the coil. An oil dash-pot (H) for damping, an 
electrical stability device, and an indicators6 for the position of the swinging member are attached 
to the opposite end of the swinging member to that of the coil. 

The position of the axis of suspension may be given three alternative positions, two in the 
plane of the aerofoil (lift and moment axes), and a third (drag axis) at  some distance from this 
plane. The axis position is adjusted by removing the four suspension bolts (A), adjusting the 
position of the member (B), and reinserting bolts of different length. The third axis is obtained 
by replacing the suspension bolts at alternative positions in the swinging frame. 

The incidence may be adjusted when the tunnel is not running by rotating the incidence 
horseshoe (J) on engaging a dog clutch. The aerofoil is rigidly attached to the incidence horse- 
shoe which, except during incidence changing, is rigidly attached to the main swinging member. 
To maintain a constant centre of gravity position of the swinging member with variations of the 
incidence horseshoe position, a cam (K) ,  attached to the horseshoe, moves a jockey weight (I) along 
one arm of the swinging member. 

The electrical contacts from the floating coil are carried from the swinging member through 
mercury cup contacts arranged close to the suspension axis. A direct current is passed through 
the two fixed coils and the floating coil (in the opposite direction). By a variation of the magni- 
tude of this current the aerodynamic forces experienced by the aerofoil may be compensated, 
and the swinging member balanced (balance being indicated by the electrical indicator). A 
measurement of the magnitude of the current is then used to deduce the moment of the aero- 
dynamic force about the suspension axis. Three such measurements about the three axes enable 
lift, drag and pitching moment to be deduced. The direction of the electromagnetic balancing 
force may be reversed by reversing the direction of the current in the two fixed coils. 

2.4.2. Strain-Gauge Balance.-A limited number of tests have been made in the 1-ft diameter 
tunnel on bodies in the form of solids of revolution located on the tunnel axis. In some of these 
tests the body has been supported at the centre of an aerofoil, and the aerodynamic forces 
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measured with the three-component electric balance. In view of the interference between the 
body and the aerofoil support, however, a more usual method of support, particularly for super- 
sonic tests, has been by a sting, projecting from the rear of the body and held downstream. With 
this method of support attempts have been made to measure the drag with the drag balance 
described in section 2.3.3. Measurements of normal force and moment have been made by the 
use of electrical strain gauges of the resistance type77 attached to the supporting sting. The 
development of this latter technique has been described by Wingham in R. & M. 231676. 

The test model is hollow and is attached to the sting at the nose. The sting passes up through 
the model and projects from the rear downstream of which it is supported through a variable- 
incidence knuckle to an axial member rigidly attached to the tunnel. Strain-gauges are attached 
to the sting within the model and are used to measure the distortion of the sting produced by the 
aerodynamic forces experienced by the model. From a knowledge of the geometry of the 
assembly, the elastic properties and cross-section of the sting, and measurements of the distortion 
of the sting, the position and magnitude of the normal aerodynamic force on the model may be 
calculated. 

The wire strain-gauges used are of the N.P.L. type in which the resistance element is wound 
in the form of a flattened coil and then bonded with phenol formaldehyde resin impregnated 
paper. The gauges are cemented to the sting with ' Durafix ' and, after baking, a coat of resin is 

The electrical circuit finally developed involved mounting eight strain-gauges on the sting 
(Fig. 5). A potential difference 
was maintained across each bridge, and the mid-points of the included branches were connected 
to a vernier potentiometer reading to one microvolt. The potentiometer was used to measure 
the open-circuit potential difference across the mid-points, and the change e in this quantity 
produced by a resistance change SS of each gauge due to straining. 

' applied as a protection against moisture. The unstrained gauge resistance is 500 ohms. . 

The gauges formed two complete Wheatstone bridges G, and G,. 

Thus 

. .  . .  . .  . .  . .  SS 
e = - E . ,  S (7) 

where S is the unstrained gauge resistance. For the sting size used it was possible with this 
electrical circuit to measure bending moments to 1 /250 lb/in. under steady conditions. Tempera- 
ture compensation was the best possible with the arrangement used since each bridge was at  one 
temperature. It was not possible to neglect the thermo-electric e.m.f. since the bridge was never 
balanced, and a reversing switch was included in the battery circuit to give two readings for each 
bending moment measured from which it was possible to eliminate the thermo-electric effect. 

The model is attached by means 
of the machined lug at the base of the sting, the lug mating with keyways cut in the nose of the 
model and giving a positive but easily removeable form of attachment. 

It is easy to show that the change of gauge resistance due to straining is proportional to the 
bending moment about the mid-point of the gauge. Thus, by mounting gauges at two points along 
the sting, it is possible to deduce the normal force and moment applied to the sting at its point of 
attachment to the model nose. From the values of these quantities the normal aerodynamic 
force and moment experienced by the model may be deduced. The chief disadvantage of the 
method was found to be the impossibility of providing a damping device for motion of the sting. 
It was also necessary to measure the model incidence whilst the tunnel was running because of 
the incidence change produced by the bending of the sting under load. 

A sketch of the sting and electrical circuit is given in Fig. 5 .  

2.4.3. Drag Balance.-It is possible to  measure the normal force and moment on a three- 
dimensional model supported on the axis of the circular tunnel by the use of the strain-gauge 
technique described in the previous section. It is not, however, possible to measure drag by this 
balance. For the measurement of the drag of three-dimensional bodies, therefore, the balance 
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shown in Fig. 6 was constructed. The balance was of a very simple type and had several 
disadvantages, chief amongst which was the inability to measure drag when the model was 
experiencing lift. It was used for subsonic and supersonic tests in the 1-ft diameter tunnel. At  the 
time when these tests were made the tunnel was not fitted with return ducts and used moist 
atmospheric air. The variations of static pressure along the working section (particularly on the 
axis) necessitated very large buoyancy corrections, particularly at supersonic speeds, and the 
experimental observations were not, therefore, very reliable. 

. 

2.5. Indirect FGrce Mensuveme.lzt.-In section 2.3 it has been stated that indirect methods are 
of great value in two-dimensional subsonic work. The two most important are the measurement 
of the normal pressure distribution over the model surface and the measurement of pitot and static- 
pressure distributions in the wake. Besides enabling the lift, pitching moment, profile and form 
drags to be deduced, these methods also enable a good insight into the mechanisms resulting in 
the changes of force and moment to be obtained. They also give information which is valuable 
as a basis for comparison with theory. 

Both methods are in common use for low-speed tests, and the technique of pressure plotting 
differs very little at  high and low speeds. A theory of the wake-traverse method at  high speeds 
has been developed69 which involves observations of the same quantities as those required a t  low 
speeds. This theory is based on certain assumptions which have been experimentally verified 
to a certain approximation, and appear to be valid for most aerofoil sections. 

2.5. I .  Pressure-Plotting Techzique.-The measurement of the pressure distribution over the 
surfaces of an aerofoil model enables the lift, pitching moment, form drag, and centre of pressure 
position to be deduced; and a measurement over a range of incidence and speed, the derivatives 
of the above quantities to be calculated. Moreover, the measured pressure distribution enables 
the' Mach number distribution to be determined* and the extent of supersonic regions at  the 
aerofoil surfaces to be observed. The method, therefore, not only gives the magnitudes and 
positions of the overall forces, but a great deal of more fundamental information which is of value 
as a basis for and comparison with theory. 

In the N.P.L. high-speed tunnel tests the observed pressure distributions are expressed either 
in the form of the pressure coefficient C, given by 

j 

(where p is local static pressure, PO free-stream static pressure, p, free-stream density and V ,  free- 
stream velocity) or in the form of the pressure coefficient p/H,,  where H a  is the free-stream total 
head. The former coefficient has the advantage that it enables the influence of pressure distri- 
bution changes on the overall force coefficients experienced by the aerofoil to be easily seen, and 
further gives a pressure distribution which is sensibly independent of Mach number at low speeds. 
The second coefficient has the advantage that a scale of local Mach number (which is exact ahead 
of the shock-wave) may be appended to the pressure-coefficient scale. This enables changes in 
the local Mach number, and the appearance of supersonic regions, to be seen at once. 

It is usual to express the pressure distribution in terms of both the above coefficients as functions 
of either the ratio xjc (where x is the distance from the leading edge and c the aerofoil chord), or 
the parameter 8 .  This quantity is connected to x/c by the relation: 

. .  . .  . .  . (9) 

and has the advantage that it spreads out the pressure distribution over the nose and tail of the 
aerofoil, and is, therefore, of particular value when the pressure changes rapidly in these regions. 
For the purpose of calculating the forces experienced by the aerofoil it is usual to plot the observed 

.- _.. 
* Errors in the determination of the Mach number may arise in practice from the loss of total head in shock-waves 

or flow separations. 
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pressure differences (H, - 9) first on a 0 basis, and then replot the observations on abscissz more 
suitable for force integration. Thus, for lift, the observations are replotted on an x/c basis, for 
moment on a basis of 2 = (x - $c)’/2c2, and for form drag on a y/c basis. 

The areas under the three curves are then measured, and converted to the usual coefficients by 
the relations 

. .  a .  . .  . . (10) 

(12) 

The quantity &poV; is tabulated as a function of ( H ,  - 9) and is then independent of barometric 
pressure. More recently for lift and moment it has become usual to use a single plotting and a 
moment integrator in addition to  a planimeter to  derive the required quantities. 

In reporting the results of experiments, it is usual to show both pressure coefficients (C$J and 
$/No) as functions of x/c alone, since at  high Mach number the pressure changes at the nose and 
tail of the aerofoil are of relatively little significance in comparison with the pressure changes 
over the central chord region. 

2.5.1.1. Pyesswe-PZot i iq  modeZs.-The original method of constructing pressure-plotting models 
for the 20 x 8 in. tunnel consisted of cutting grooves in the aerofoil surfaces which communicated 
with the pressure holes and were covered by brass inserts. By this method it was not found 
possible to secure a sufficiently good surface finish, particularly in the case of pressure holes near 
the leading edge. For this reason, and from considerations of model strength and ease of 
manufacture, the method was abandoned in favour of the present method of construction which 
is illustrated in Fig. 7. Models of this type with 34 pressure holes (total in both surfaces) have 
been successfully constructed and tested with thickness/chord ratios down to 10 per cent, the 
model chord being 5 in. Models of thicknesses 5 per cent and 64 per cent are under construction 
with 30 pressure holes. All pressure-plotting models used at the N.P.L. have been of brass. 

The models are usually supported by steel pins which are drilled to permit the hypodermic 
tubing from the pressure holes to be brought out of the tunnel. A single pin is attached to one 
end of the aerofoil, and passes out through a clearance hole in the glass wall to a supporting 
bracket outside the tunnel. The clearance between the glass wall and pin is sealed by a rubber 
sleeve. Three pins are attached to the other end of the model and these are similarly carried out 
through clearance holes in the glass wall to a steel bracket. The glass wall and supporting bracket 
on the three-pin side may be rotated about the axis of the single pin to vary the model incidence. 
The brackets are arranged t o  have a minimum obstruction to the optical system which is used to 
visualize the field of flow round the model. The brass models of 5 per cent and 6g per cent 
thickness are not to be supported by pins, but by rectangular brass tongues at  each end of the 
model. With this method of support it will no longer be possible to visualize the flow round the 
model close t o  the surface, but steel models of the same section without pressure holes are being 
constructed for this purpose. These latter models will be supported by pins in the manner of 
the thicker models described above. 

The pressure holes, which are usually of 0 01 in. diameter, are not arranged in a single chordwise 
plane, but are staggered across the centre of the span. This is done to minimise the effects of small- 
surface irregularities and leaks at any particular pressure hole upon the readings of downstream 
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holes. It is well knowngo’ ’’ that the effects of such disturbances may, by transverse contamination 
of the boundary layer, spread across the span downstream. Variations of the uniformity of the 
stream across the centre part of the span of the aerofoil are found to have a negligible effect on 
the readings of the pressure holes. The positions of the pressure holes are selected by experience, 
orpby a previous knowledge of the pressure distribution of the aerofoil in question or of a similar 
aerofoil. The general form of the pressure distribution may be known either from previous 
experimental work or from calculation. 

251.2. Press.ure-;hlotti~zg maizometer.-The pressure holes in the surfaces of the aerofoil are 
connected to a multi-tube manometer which is also used for the measurement of the pressure 
distributions along the adjustable tunnel walls. This instrument, in common with the majority 
of the manometers used in the high-speed tunnel building, is fitted with a device for ‘freezing’ the 
manometer readings when they have become steady. This consists of a series of eccentrics 
which may be rotated to press clamps against rubber tubes placed at  the tops of the manometer 
tubes. The sequence of events is, therefore, for the tunnel to be run up to the required working- 
section Mach number as indicated by the Mach meter, and the pressure readings at  the model 
surface to be frozen when steady. The tunnel is then shut down after which the manometer 
readings are read and tabulated in an observations book. 

Some method of either freezing or rapidly recording the manometer readings is essential since 
the wastage of power in maintaining a tunnel run of sufficient length to enable the readings to be 
recorded individually would be large. The photographic recording of manometric readings is 
extensively used elsewhere, but the following advantages* are claimed for the method used at  
the N.P.L. 

(a) Whilst the time taken to record the manometer readings after freezing is considerable, it 
is less than that required to process and read from the equivalent photograph. 

(b) Inconsistencies are at  once discovered, and repeat tunnel runs are easily made since they 
do not involve the re-rigging which would probably be required if the manometer 
records were examined some time after the experiment was made. 

The tubes of the N.P.L. pressure-plotting manometer are equi-spaced, and their spacing has, 
therefore, little relation to the spacing of pressure holes along the model chord. At the D.V.L.51 
a manometer has been constructed with the tube spacing proportional to the pressure-hole spacing 
of the model. Photographic records of this instrument are directly planimetered to give the 
normal force and moment. This method must result in a considerable saving of time and labour. 
The construction of an integrating manometer has also been considered at the N.P.L. 

The present manometer has 47 tubes containing mercury and having a range of 0 to 30 in., and 
47 water tubes arranged between the mercury tubes and having a range 0 to 60 in. It is thus 
possible to measure a pressure by either a mercury or a water column. The sensitivity range thus 
obtained is found to be adequate for most purposes but in certain cases the use of a gauging liquid 
of intermediate density would be useful. and are widely used else- 
where but, since most are corrosive, special precautions must be taken in the design of the mano- 
meter in which they are used. No great use of such liquids has yet been made in the N.P.L. 
high-speed tunnel laboratory. 

Several such liquids exist 

2.5.2. Determiizatiovz of Profile Dyag at High Speeds by a Wake-Travevse Method-At speeds at 
which the compressibility of the air may be neglected it is known that the profile drag of an aerofoil 
section can be determined with sufficient accuracy from measurements of total head1 and static 
pressure across a section of the wake. When compressibility is important the measurement of a 
third quantity (e.g., air density or temperature) becomes theoretically necessary. In R. & M. 197l6’, 

* These advantages are probably peculiar to the induction-type tuiinel and to other intermittent tunnels, since it is 
inconvenient to shut down a fan-driven tuiinel after each set of observations. 

t The total head is defined as the pressure of the air after isentropic deceleration t o  rest. At subsonic speeds this is 
equal to the pitot pressure. 
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however, it is shown that if the assumption is made that the total energy per unit mass of 
air is constant across a section of the wake, the profile drag may be derived to a high degree of 
accuracy from measurements of total head and static pressure alone. 

The assumptions on which the method is based are that : 
(a) The air behaves as a perfect gas with constant specific heats. 
(b) The pressure at the mouth of a pitot tube is equal to the total head if the velocity is 

(c) The entropy is constant everywhere outside the boundary layer and wake. 
(d) There is no flux of energy across the streamlines bounding the boundary layer and wake. 
(e) Any inclination of the stream at the measuring section to  the normal to the section is 

(f) The total energy per unit mass of air is constant everywhere (including the wake). 
(g) Mean streamlines may be drawn in the wake such that the total head is constant along 

each stream tube at  least between the measuring section and a section sufficiently far 
downstream for the static pressure there t o  be equal to  the free-stream value. 

subsonic, and that this condition is satisfied in the wake of the aerofoil. 

negligible. 

(h) The tunnel walls and aerofoil are perfectly non-conducting. 

Assumption (g) above is similar to that made in the derivation of Jones' original method68 and 
assumption (f) has been checked experimentally (see R. & M. 1971"). The fact that the 
assumptions are justifiable is to some extent checked by the agreement between drags deduced by 
the pitot-traverse method and measured by balance Fig. 11 (see R. & M. 1971") and the agreement 
of drags deduced from wake traverse at  different distances behind the trailing edge Fig. 10. 

The method described below is the standard means of measuring profile drag in the 20 x $-in. 
tunnel at  the N.P.L. A similar method is used in flight tests and elsewhere. It should be noted 
that the presence of condensed moisture in the working section 9 2 , 9 3 3 9 4  will vitiate the arguments on 
which the method is based. The method should be applicable when limited shock-waves are 
present on the aerofoil; in common with other methods of measurement, however, it will be 
subject to the influence of tunnel constraint and this effect may be large at  high Mach number. 
At  high Mach number it may also be difficult t o  cover the whole wake of the shock-wave. The 
pitot-traverse method has so far not been used to measure drag at supersonic speeds, but an 
attempt is now being made at the N.P.L. to  use the method for this purpose. 

Considering the flow past the aerofoil sketched in Fig. 8 let AA be a section sufficiently far 
upstream for the velocity, pressure and density to be constant across it, these constant values 
being denoted by V ,  +,, and po  respectively. Let BB be a section sufficiently far downstream for 
the static pressure to have become constant at  its upstream value 9,. Let TT' be the boundaries 
of the wake (including that of any shock-waves present) at  BB, and let PQST, P'Q'S'T' be 
streamlines of the steady flow past the aerofoil. Let the velocity and density at  BB inside the 
wake be U and p respectively. Let CC be the section across which the wake is to be explored 
cutting the streamlines shown in S and S'. Denote the velocity, pressure and density at  CC 
between S and S' by U ,  p ,  and p1 respectively. Denote the total heads at AA, BB and CC by 
H,, H and H I  respectively. 

From considerations of momentum the drag D per unit length of span is given by 

. .  . .  . .  . . (13) 

where the integral is taken across the wake at section BB. 
in the Appendix of R. & M. 1971G9.) 

(For compressible flow this is proved 
Let dy in this equation be the breadth of a stream tube, and 
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let its breadth at section CC be dyl .  

so that 

The continuity equation is then 
PU d y  = Pl‘Gtl dYl - . .  . .  . .  . .  . .  . .  . . (14) 

D = j P 4 V  - 4 dY1, . .  . .  . .  . .  . .  . . (15) 

and if c is the chord of the aerofoil it is convenient to write the -drag coefficient, C,, as 

. .  . .  . .  . .  . .  . . (16) c D - j c D f y  dY > 

- gpuv2c 
where 

. .  . .  . .  . .  . . (17) 

The integrals in equations (15), (16) are taken across the wake at  section CC and U is the velocity 
at section BB on the streamline through the point at  which the velocity is U,, on section CC. 

In order that the method should be readily applicable to the results of experimental observations 
it is necessary to express CD’ in terms of the measurable quantities$, and H .  Making assumptions 
(f) and (g) above and using the equations for the flow of a perfect compressible fluid it is possible 
to obtain from equation (17). 

This equation may be transformed into a more useful form by the introductim of a fictitious Mach 
number M 2  defined bv 

. .  . .  . .  . . (19) 

Then by defining ;1 = +yM2, equation (18) may be written 

Tables for (H1/Ho)’17, (p,/p,)6~7 are given in R. & M. 1971e9, which should also be consulted for a 
detailed derivation of the above equations. Values of the expression in { } are also tabulated in 
this reference. 

The above formula is more convenient than some other exact formulae since it involves the 
use of single-entry tables or single curves whereas other methods involve the use of double-entry 
tables or families of curves. Moreover, the above method is more accurate since other methods 
tend to lose accuracy when H ,  is nearly equal to H ,  (as it is near the edge of the wake) or when M O  
is small. The method is, however, rather laborious and simpler approximate methods are 
commonly used in practice. 
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In R. & M. 1971", equation (21) is further transformed to a function of the Mach number ahead 
of the model and the two variables g and p (defined as in R. & M. 1688) alone where 

Pl - P O .  and 9 -- Hl - P o  
iY = H T P , ,  , - P O *  

. .  . .  . .  . . (22) 
Thus 

and this form may in some cases be preferable to the form of equation (21). 
One approximate method which has been used at  the N.P.L. is described by Beavan and 

Manwell in R. & M. 2233". It was observed that the value of CD' (equation (17)) was roughly 
proportional to ( H ,  - H I )  at any given speed and it was thought that a simple expansion, to  only 
a few terms, might be used. This did not prove to be the case, but it was found that it was 
possible to prepare tables of new functionsg5 which reduced the labour of the reduction of experi- 
mental results especially when it was sufficient to evaluate the integral 

C D '  = 2(g - p)'/'(l - g'/'){[l + +(M,2)3 - 2~ + 39 - 2g - ( 2 ~  - l )g ' / ' ] )  . . (23) 

. .  . .  . .  . .  . .  . . ' (24) c, = j c D f  d Yl 7 

by the simple trapezium rule. 
a t  any stage. 

The tables have the advantage that no interpolation is required 

The value of CD' was expressed in the form 

ic ,~ = +pi + El + E2S + & , s ~ ,  . .  . .  . .  * * (25) 
where 

. I  .. . .  . . (26) 

. . .  . . (26) Ho - P O  

P O  

1 
- 1 = (1 + xj2/' - 1 and x = 

The quantities c1, These 
functions were tabulated together with the value of 1/7.Q (a function of x alone). The method of 
arranging the calculations is discussed in R. & M. 223395. 

Even this approximate method is found to be rather laborious, and rapid methods of calculating 
the drag have been given by Thompsons7 and by Beavan. These methods are only moderately 
accurate, but on account of the limited accuracy of experimental observation they are normally 
used in the reduction of observations. In exceptional cases, however, either the exact method 
or the first approximate method described above are used. 

The rapid method of drag calculation given by Beavan is based on the observed fact that in 
the more usual practical cases the static pressure is constant across the wake at the measuring 
section which is usually 1-chord behind the trailing edge. The formula is drastically simplified 
and is quoted below for a 5-in. chord aerofoil in the rectangular tunnel at the N.P.L. 

and c3 are functions of 1% ( e l  of order h2, E' and E~ of order 12) and x. 

where the total-head difference-curve ( H ,  - H,) is plotted in inches of water against distance 
across the tunnel in inches, the area being taken in units of inches of water pressure difference and 
0. 1-in. intervals of traverse. The value of (H, - PO) is expressed in inches of mercury and 
represents the tunnel speed. The quantity K has been tabulated as a function of the variables 
( H ,  - PO) and ( H ,  - H,) for standard conditions which assume a value of the total head upstream 
of the model of 30 in. of mercury, a pitot-tube diameter of 0-O25in., and a ratio of the quantities 
( P I  - p,) / (Ho - PO) of 0.04. Correction tables have been constructed for different values of 
these standard conditions. Similar formulae are used for models of differing chord and the 
accuracy obtained by their use is found to  be adequate in most cases. 
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2.5.2.1. Correctio.lz forJ%.lzite diameter of $itot-tube.--T;lihen there is a transverse gradient of total 
head across the mouth of a pitot-tube the effective centre of the tube is displaced from the 
geometrical centre towards the region of higher velocityg6. Thus, the area under the total-pressure 
curve is less than it should be. For the usual type of pitot-tube used in the high-speed tunnels 
it is sufficiently accurate to take this displacement as 0.18 times the external diameter of the tube. 
This correction is applied both at low and high speeds, and although there is no direct experi- 
mental evidence of its validity at  high speeds, the relative importance of the correction diminishes 
rapidly with increase of speed above the shock-stall because of the increase of the drag coefficient. 
The corrections can be applied in practice6’ by the addition, to the value of C ,  of 0.36 times the 
maximum ordinate of the C,-curve times the diameter of the tube divided by the chord. 

2.5.2.2. Pitot and static-tubeh.-Apart from some early observations6’ when a comb of ten tubes 
was used, traverses are now almost invariably made with a single pitot-tube. A number of tubes 
of circular cross-section and varying diameter are available the standard external diameters being 
0.055 in., 0.03 in. and 0.025 in. for most experimental work. A typical tube is drawn in Fig. 9 ;  
other tubes differ only in the diameter of the extreme tube. The tubes may be fitted either 
directly into the pitot-traverse gear shown in Fig. 9 or to extension tubes of external diameter 
0.25 in. Traverses are normally made in a plane 
at  1-chord behind the trailing edge. 

Typical static tubes are also shown in Fig. 9. 

For explorations in supersonic flow, pitot-tubes of the type described above are used, and the 
Rayleigh c~i-rect ion~~ for the loss of total head through the bow-wave (assumed normal over the 
mouth of the tube) is applied to the reading in order to obtain the total head. In order to ensure 
that the bow-wave is normal at the mouth of the tube it was the practice in Germany to use tubes 
with a large ratio of external diameter to bore. The static-tubes used at the N.P.L. for supersonic 
operation are fitted with ogival heads and the static holes are arranged in a single plane some 8 to 
10-tube diameters downstream of the nose. 

2.6. Factors wlzich may Came the Belzaviouv of the Workiflg Fluid iiz a Wind Tunnel to Depart 
fvonz that of a Perfect Gas.-In the reduction of experimental observations as well as in theoretical 
work it is usual to assume that the working fluid behaves as a perfect gas with constant specific 
heats and obeying an equation of state. 

where R is a constant for a particular gas. It is also usually assumed that the energy content is 
capable of instantaneous change following the external conditions so that the internal energy is 
always a uniquely defined function of the temperature. Wikh certain exceptions the behaviour 
of the atmosphere under the conditions of pressure and temperature usually encountered in free 
flight is very close to that of a perfect gas. The temperature and pressure in a wind tunnel will, 
however, usually differ from the values in flight, and, particularly if working substances other 
than air are used, it is necessary to ensure that the behaviour of the fluid in the tunnel does not 
depart appreciably from that of a perfect gas. 

Real gases are superheated vapours or niixtures of such vapours, and, whilst the behaviour 
may approximate to that of a perfect gas when the degree of superheat is high, this will no longer 
be the case when any of the constituents approaches its liquefaction point. At normal tempera- 
ture and pressure dry air is highly superheated, and it has been shown that for practical purposes 
it may be regarded as a perfect gas over the range of these quantities usually encountered in 
wind-tunnel practice. If the air contains water vapour, however, saturation and condensation 
of this constituent may take place under the conditions of temperature and pressure which exist 
at  the working section of a wind tunnel and, it is usually necessary to control the humidity 
conditions with care. 
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2.6.1. Relaxation-Time EjSects.-The internal energy E of unit mass of the working substance 
may be written - 

E = E , + E , + E ; ,  . .  . .  . .  . . (30) 

where E,, E,  and E; denote the energies due to translation, rotation and vibration of the molecules 
respectively. At any temperature each of these quantities has an equilibrium value which may 
be calculated from statistical mechanics. If the temperature changes, the translational and 
rotational energies become adapted to their new equilibrium values very rapidly, but the vibrational 
energy is relatively much less rapidly adjusted. The relaxation time is a measure of the time 
constant representing the time taken for the vibrational energy to achieve equilibrium conditions. 
For air, the departure of the behaviour from that of a perfect gas produced by the relaxation-time 
phenomena is negligible over the temperature range encountered in flight or in wind tunnel or 
turbine practice. For certain other working fluids, however, some of which have been suggested 
for power economy in wind tunnelsg7, relaxation time may produce serious departures from a 
perfect-gas behaviour. The use of such fluids in wind tunnels is, therefore, usually not possible 
for this and other reasons. A detailed discussion of the effects of relaxation time in gas dynamics 
is given in papers by Gunn15 and by KantrowitP and in the references cited in these papers. 

2.6.2. The Possibility of Liquefactiout at High Mach N~mber.-Goldstein~~ has examined the 
behaviour of dry air in a high-speed wind tunnel, and concludes that if the liquefaction point (or 
dew point) is not approached the departure of the behaviour from that of a perfect gas with 
y = C,/C, = 1.40 has a negligible influence on the results of calculations relating t o  the flow at 
the working section. 

The logarithms of the vapour pressures of oxygen and nitrogen are plotted against the reciprocal 
of the absolute temperature in Fig. 12. This method of plotting has been suggested by Dodge and 
Davisg8 who find that the,vapour pressure may be calculated from the following empirical expressions 
over a wide range of pressure and temperature. 

for oxygen . .  366 - 523 
log10 P = 4.06295 - T 

for nitrogen , , 
304 * 494 

T log,, P = 3 * 93352 - 

. .  * .  . .  

. .  . . (32) 

where P is the vapour pressure in atmospheres, and T the absolute temperature in deg K.  The 
vapour pressure curves of Fig. 12 have been drawn with the aid of these equations together with 
experimental data reported by Dodge and Davis and by other workers. 

The liquefaction point of curve for dry air is also included in Fig. 12. This has been drawn by 
the use of data reported by Dodge and Dunbargg and by Inglislo0 together with the data from the 
International Critical Tables. The expression1* 

. .  . .  . . (33) 

which applies to a perfect solution whose vapour behaves as a perfect gas, may also be used to  
calculate the liquefaction point with sufficient accuracy. Here p is the total pressure, 17, and ITN 
the vapour pressures of oxygen and nitrogen and z, the mol fraction of oxygen in the vapour 
mixture. In the derivation of the liquefaction point plotted in Fig. 12 air was taken as a binary 
mixture of oxygen and nitrogen with a mol fraction of oxygen 0.21. Goldstein17 has pointed 
out that the vapour pressure of argon lies between those of oxygen and nitrogen fairly close to 
that of oxygen, and that the presence of argon in the air will, therefore, have little influence on 
the liquefaction-point curve. 

Curves representing the conditions at the working section of a wind tunnel for a number of 
stagnation pressures and temperatures are also given in Fig. 12. For the range of stagnation 
conditions and Mach numbers at present in use or contemplated for high-speed tunnel practice, 
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the conditions are far removed from the liquefaction point. Thus, for stagnation pressures of 
one atmosphere or less, and stagnation temperatures aboGe 0 deg C it appears that the liquefaction 
point is still not approached at a Mach number of four. 

2.6.3. The I n j zzence  of Humidity.-If w is the weight of water vapour per unit weight of air in 
a mixture of air and water vapour, it follows from Avogadro’s hypothesis that 

. .  . .  . .  . .  . .  . .  . . (34) WA 

w w  
p w  = w p A -  

where 9, and p A  are the partial vapour pressures of water vapour and air respectively, w, is the 
molecular weight of air, and Ww that of water vapour. Inserting numerical values for the 
molecular weights this becomes 

. .  . .  . .  . .  . .  . .  . .  (35) 

The specific humidity z is usually defined as the weight of water vapour per unit weight of the 
mixture of air and water vapour. Thus 

and since the total static pressure p is equal to the sum of the partial pressures of the air and 
water vapour 

. .  . .  . .  . .  . .  . . (37) 1 8 P w  

29p - lip, ’ ‘ t =  

at the intake of a wind tunnel, p w  will usually be small compared with?, and it is, therefore, usually 
sufficiently accurate to write 

. .  . .  . .  . .  . .  . .  . . (38) 

The relative humidity, p ,  is defined by the relation 

p = -  P w  

P s  ’ 
. .  . .  . .  . .  . .  

where p s  is the saturation vapour pressure. Thus equation (38) becomes 

. .  . .  . .  . .  . .  18 p s  

29 P z = - - B - .  

. .  . . (39) 

. .  . . (40) 

If the flow in a wind tunnel between the intake, denoted by suffix 1, and the working section 
denoted by suffix 2, is considered, and it is assumed that no moisture is removed from the air- 
stream between the two sections, equation (35) shows that 

. .  . .  . .  P,, - - p , 2  

P w l  P w 2  * 

. .  . .  . .  

Further, if it is assumed that the flow is isentropic and that the velocity at  section 1 is zero, 
17 n 

L . .  . .  . .  . .  . .  . . (42) 1 2  - 
T,  
-- 

2 + (Y - 1 > K 2 ’  

. .  . .  . .  . .  . . (43) 

where T ,  and T,, are the absolute stream temperatures, M2,  the working-section Mach number, 
and y the ratio of the specific heats which is assumed to be constant between the two sections. 
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Thus 

. .  . .  . .  

and with equation (41) this becomes 

Thus the relative humidities at the two sections are related by 

. .  . .  

. .  

The saturation vapour pressure is a function of temperature alone, and thus the ratio of the 
saturation vapour pressures may be determined from a knowledge of the intake temperature by 
the use of equation (42). The relationship between saturation vapour pressure and temperature 
is given in Fig. 13 which is based on values tabulated in the International Critical Tables. If 
condensation does not take place the influence of moisture on the flow in a wind tunnel is 
unimportant. If condensation occurs, however, important changes of the flow may follow. 
There will be a release of latent heat, a removal of the partial vapour pressure of the water vapour 
and, possible, a change in the values of the specific heats and of their ratio y .  The presence of 
water particles in the airstream after condensation may also make it difficult to interpret the 
readings of measuring instruments, in particular, the pitot-tube. 

Of these effects, the release of latent heat is usually the most important and depends in 
magnitude on the amount of water vapour condensed and whether water or ice particles are formed 
on condensation. The influence of heat addition on the flow in a channel is discussed in Refs. 101, 
102. The effect on Mach number and static pressure may be seen from the equations 

and 

. .  . .  . .  

. . (47) 

. . (48) 

where dQ is the quantity of heat added, H the enthalpy before heat addition, A the cross-sectional 
area and dA the change of th.is quantity. These equations indicate that condensation in a channel 
of constant cross-sectional area will produce an expansion and increase of Mach number if the 
initial Mach number is subsonic, and a compression and decrease of Mach number if the latter is 
initially supersonic. 

The influence on the flow in a wind tunnel depends on the region in which condensation takes 
place. In subsonic tunnels condensation may, for example, occur downstream of the position at 
which the working-section Mach number is measured, and this will produce an apparent decrease of 
the choking Mach number of the tunnel. In supersonic tunnels condensation often occurs 
between the nozzle throat and the working section, and produces a decrease of the working-section 
Mach number below that obtained with dry air or calculated from the nozzle geometry on the 
assumption of an isentropic expansion. Moreover, in a supersonic tunnel the compressive 
disturbances produced by condensation may be reflected at the walls and produce more con- 
centrated disturbances further downstream. This is illustrated by Fig. 14 which shows measure- 
ments made in a 2-in. square tunnel at the N.P.E. The phenomena have been known for a 
considerable time in connection with condensation in steam nozzles, and are, for example, 
discussed by StodalaG4 and by Binnie and The latter work, in particular, was carried 
out in considerable detail and should be referred to for further information. Fig. 15, which is 
due to Binnie and Woods shows the influence of condensation on the static pressure in a steam 
nozzle at varying intake temperature. 
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In practice it is found that condensation does not begin immediately saturation is reached 
and that a considerable degree of supersaturation may be tolerable. The factors governing the 
quantitative value of the degree of supersaturation at  which condensation commences are 
complex and are, for example, discussed by Wilsonlo4 and by Binnie and and in references 
given in their paper. Condensation of a supersaturated airstream will usually be accelerated 
by the presence of small solid particles,:k and may also be initiated at some region of disturbance 
(e.g., at the model or a shock-wave present in the flow). At the N.P.L. it has been found that the 
degree of supersaturation may be more than fourfold before condensation begins. 

Condensation cannot take place if saturation does not occur, thus equation (46) may be used to 
define a value of the intake relative humidity below which condensation at the working section 
will be impossible for given stagnation temperature and Mach number. Similar intake humidity 
conditions may also be defined for any value of the degree of supersaturation at  the working 
section. Values of the intake relative humidity which will produce saturation and four, six and 
eightfold saturation a t  the working section are given in Figs. 16 to 18 for a range of working- 
section Mach numbers and intake temperatures. 

It has, however, been found by Hermann105 that the effects of condensation are negligible LIP to 
Mach numbers of 2.29 provided that the specific humidity (which is a measure of the maximum 
amount of heat release which may take place on condensation) is less than 0 * 5 gm per kilogramme. 
Subsequent workxo6 in Germany has indicated that this limit is satisfactory up to Mach numbers 
of 4.4. It is clear, therefore, that both the relative and specific humidities are of importance in 
considerations of the influence of moisture on the flow in a wind tunnel. For given temperature 
and Mach number the former will define the degree of supersaturation at  the working section, 
and will, largely, decide whether condensation takes place or not and the latter will define the 
influence which condensation will have on the flow. In order to completely define the humidity 
conditions at the intake of a wind tunnel it is, therefore, necessary to specify either: 

(a) The relative humidity, temperature and pressure. 
(b) The specific humidity, temperature and pressure. 
(c) The partial vapour pressure of the water vapour, the pressure and the temperature. 

Other possible combinations may be used, (e.g., a definition involving the dew point) and are 
readily deduced from equations (46), (40), (39), (38). 

2.6.4. Dyievs.-In order that the effects of condensation may be avoided or controlled it is 
necessary to control the humidity conditions at the tunnel intake. The object of such control 
may be either to avoid condensation completely (this will usually involve a reduction of relative 
humidity), or to reduce the effects of condensation (which will involve a decrease of specific 
humidity). 

2.6.4.1. CodroZ of stagnation tewzPeratwe.-It is clear from Fig. 13 that the saturation vapour 
pressure may be raised by an increase of temperature. Thus, if the stagnation temperature of 
the air in the tunnel is raised, the relative humidity will fall and it may be possible to avoid 
condensation. Equation (34), however, indicates that the specific humidity will not be changed 
if the pressure is constant. The effects of heat release at condensation may, however, be less 
severe at  high temperature since the enthalpy in equations (47), (48) will itself be increased. 

The method is particularly convenient for application to closed-circuit tunnels driven directly 
by a fan or compressor, since the stagnation temperature may then be raised by a reduction of the 
degree of cooling. The details of the arrangement of the system will depend on the method which 
is used to cool the tunnel. Thus, for tunnels cooled by liquid coolant the temperature rise is 
effected by a decrease of the rate of flow of coolant. For tunnels cooled by air exchange the 
rate of entry of cold air is restricted. 

* Since the completion of thc present paper it has been suggested by Lukasiewicz that this is probably not true for  
Refs. 89 and 137 should therefore be read in the rapid processes involved in condensation in a supersonic stream. 

conjunction with the above. 
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Whilst an increase of stagnation temperature may also be necessary at  very high Mach number 
to prevent the liquefaction of other constituents of the air, a large increase of temperature has 
certain practical disadvantages. Thus, for example, the whole tunnel structure including the 
working section and model will attain a temperature only a little below the stagnation tempera- 
ture. The power requirements for given Mach and Reynolds numbers will also be increased by 
stagnation temperature. Nevertheless, stagnation temperature up to about 40 deg C have been 
used successfully in practiceS1* 

2.6.4.2. Control of Stagnation Pressure.-Equation (40) indicates that for constant specific 
humidity and stagnation temperature the relative humidity a.t the tunnel intake is proportional 
to the stagnation pressure. Thus, if no attempt is made to remove water vapour from the air- 
stream the tendency for condensation will increase .as the stagnation pressure is increased. 
Conversely, the possibility of condensation will be reduced at constant specific humidity by a 
reduction of stagnation pressure. With constant relative humidity and temperature the specific 
humidity is inversely proportional to the stagnation pressure so that under these conditions the 
effects of condensation will decrease with increase of stagnation pressure. The stagnation pressure 
will, however, usually be determined by other considerations and it is only necessary to note that 
the need for a drier-is usually greatest in a pressurized tunnel (e.g., in the proposid 18 x I4 in. 
N.P.L. tunnel4’). 

2.6.4.3. D r y i q  iiz a col.Ypression-expnizsion cycle.-If air, initially at conditions denoted by 
suffix 1, is compressed to conditions denoted by suffix 2, at  constant temperature (this may be 
achieved in practice either by isothermal compression or by cooling after compression) the relative 
humidities before and after compression, are related by 

. .  . .  . .  . .  . .  . .  . .  (49) 

where it is assumed that no moisture is removed during the compression and that the specific 
humidity is, therefore, constant. If the pressure ratio is adequate, saturation and condensation 
will take place, and if all condensed and supersaturated moisture is removed the air may be regarded 
as saturated at  conditions 2. The value of p 2  will then be unity, and the specific humidity z2’ will 
become 

. .  . .  . .  . .  . .  . .  . .  I 1 S P s .  
z2 --- -29$, * *  

If the air is then expanded back to pressure p ,  at the same temperature, the final relative humidity 
f i 3  is given by 

. .  . .  . .  

so that both relative and specific humidities may be substantially reduced by a cycle of this type. 

Such a cycle is used in the N.P.L. induction-type tunnel installation which is sketched in Fig. 19. 
Here the air is compressed for storage up to a maximum pressure of 25 atmospheres. The three 
compressor stages are intercooled, and an aftercooler is fitted. Final cooling also takes place in 
the unlagged storage reservoirs. Condensed moisture is removed by water traps, and by blow-off 
valves in the bases of the reservoirs. Expansion from the reservoirs then takes place into the 
tunnel circuits through the injector slots, and the tunnels being fitted with return ducts, the whole 
of the air in the circuit is, after a short preliminary run, derived from the reservoirs. Unfortu- 
nately, the stagnation temperature in the tunnel falls slightly during a tunnel run because of the 
fall in the stagnation temperature of the inducing air which accompanies the expansion from the 
reservoirs. Nevertheless the departure from atmospheric stagnation temperature is not suffi- 
ciently great t o  aggravate the humidity conditions seriously, and a considerable degree of drying 
is obtained. 
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Equation (24) indicates that with compression to 25 atmospheres final relative humidities of 
the order of 4 per cent should be obtained. In practice, however, in the N.P.L. tunnels the value 
does not fall below about 12 per cent and the discrepancy is attributed partly to the carrying over 
of moisture in a supersaturated state and as mist, and partly to the porosity of the brickwork 
which constitutes part of the tunnel circuit. Thermograph and hygrograph records taken in 
the intake of the 20 x 8-in. tunnel before and after the return ducts were fitted are shown in Figs. 
20, 21. 

2.6.4.4. Drying in a refrigeration-reheating cycle.-If air is cooled the saturation vapour pressure 
will fall, and if the pressure does not fall saturation and condensation will take place. If super- 
saturated and condensed moisture is removed, and the saturation vapour pressure then increased 
again by reheating, it is possible to  achieve a low final relative humidity. The removal of mois- 
ture will also produce a decrease of specific humidity. This cycle may be used in conjunction 
with the compression-expansion cycle described above. 

2.6.4.5. Chemical driers.-Drying may also be accomplished by the adsorption of water vapour 
from the air by one of a number of chemical drying agents such as silica gel and activated alumina. 
Silica gel appears at  present to be the most promising material for use in connection with 
high-speed wind-tunnel installations although the evidence is scanty. 

The beds must be 
reactivated periodically and this may be accomplished by blowing heated air through them. If 
the efficiency of the bed is to  be maintained at  a high level during use, it is also necessary to  cool 
it continuously or at  frequent intervals. This is usually done by checking the flow of moist air 
and applying a blast of cold dry air. Fig. 22 illustrates typicalLo6 properties of silica gel as a drying 
agent. For further information reference should be made to the literature (e.g., Ref. 107) or to 
catalogues issued by the manufacturers. 

The drying agent is usually placed in beds across the airstream to be dried. 

2.6.4.6. The application of drying methods to wind tunzzeZs.-In general it is desirable that a high- 
speed tunnel shall be fitted with a return circuit. In this case it is necessary only to dry the air 
in the circuit before a series of tunnel runs after which further drying is unnecessary. A return 
circuit also permits the possibility of operation a t  an increased stagnation temperature by a 
control of the degree of cooling. In addition to  temperature control, other physical or chemical 
drying methods may be used. 

In an open-circuit tunnel (e.g., those operated by the discharge of atmospheric air into an 
evacuated reservoir) the power required t o  dry the large mass flow by physical methods may be 
excessive, and chemical driers will usually be employed. The drying beds will be placed at  a 
section of large cross-sectional area and low velocity upstream of the contraction. By this method 
the efficiency of the drier will be increased and the power losses in resistance minimised. An 
example of this type of drier installation is shown in Fig. 23, and values for the pressure drop due 
to the resistance of the drying beds are given in Fig. 24. 

The provision of a chemical drier in a by-pass circuit may prove a convenient method for 
drying the air in a closed-circuit tunnel before a run is commenced, and by this method, the power 
loss associated with the resistance of the drying bed may be avoided during the tunnel run. 

2.6.5. The Injluence of Moistwe on the Readi.tzg of a Pitot-Tube.-The significance of the reading 
of a pitot-tube placed in a moist airstream has been discussed by Taylorg3 who used a (+, U) diagram 
to illustrate the problem. Such a diagram is also of value in connection with other problems of 
the condensation of moisture. 

Fig. 25 shows such a diagram; the ordinate represents the pressure, and the abscissa l / p ,  
where p is the mean density of the moist air (with or without water drops). The point A represents 
the conditions of the unsaturated air at  rest at the tunnel intake, and the curve ABC an adiabatic 
expansion without condensation. As the 
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representative point moves down ABC (the point now representing the conditions at  some point 
in the effuser or working section of the tunnel) the temperature will fall, and saturation may occur 
at some point B. If condensation then takes place immediately and continues at a sufficient 
rate to keep the air in a saturated condition, the representative point will follow the saturation 
adiabatic BD. If condensation does not begin at  B, the representative point will continue to 
move down ABC to a point C at which the air is supersaturated before condensation begins. 
The conditions after C will follow some curve CD, the exact shape depending on the relative 
rates of condensation and expansion. If saturation occurs at D (condensation beginning at C) the 
representative point will then move along the saturation adiabatic BDE to the point E which 
corresponds to the minimum expansion pressure. 

If a pitot-tube is placed in the water-laden airstream, the drops of water may evaporate so 
rapidly that Saturation conditions are maintained, and the representative point will move back 
along EDB to B, and then up the dry adiabatic towards A. If the drops do not evaporate at all, 
the representative point will travel up a curve EF which will be practically identical to the dry 
adiabatic through E. Partial evaporation will be represented by an intermediate curve. 

Bernouilli’s equation may be written 

. .  . .  . .  . .  . . (52) _. ;U2 = 
P ’  

where P O  is the pressure of the air at  rest at  the tunnel intake, and U the stream velocity at pressure 
p. A pitot-tube brings the air to rest, so that if p, is the pitot pressure, 

the integral being taken round the path followed by the representative point on the (9, v )  diagram. 
The pitot pressure may, therefore, be found by following the representative point until the total 
area swept out by the abscissa is zero. If no condensation occurs, this condition is satisfied by 
fi, = 9,. If, for example, the representative point travels down the dry adiabatic until a degree 
of supersaturation represented by C is reached, and then follows the path CDEGH until all drops 
are evaporated before reaching the pitot-tube at  H (on the dry adiabatic), it will move up the 
line BHA to a point K, where the area HBCDEGH is equal to the area LAKN. The ordinate 
KS of K will then represent the pitot pressure p,. 

If the drops do not evaporate before reaching the pitot-tube, the abscissa of the representative 
point will have swept out zero area before reaching the dry adiabatic. This case is represented 
by the path ABCDEO. If OR is the abscissa of 0, and OR cuts the dry adiabatic at  9, 0 is 
cletermined by the condition that the area OQCDEQ is equal to the area ABQRLA. In thls case 
the pitot pressure is represented by the ordinate QT of 0. 

In R. & M. Z P W 4  Taylor proceeds to use the (9, 21) diagram to discuss the readings of apitot- 
tube when evaporation of the water drops does not occur. Two cases are considered :- 

(a) The drops are deflected with the air at  the mouth of the pitot-tube. 
(b) The drops pass through the mouth and strike the back of the tube without contributing 

Equations are derived enabling the density, velocity and the mass of water drops per unit mass 
of air to be cletermined if the static pressure and either of the above pitot pressures are known. 
In practice, however, it is not certain which of the pitot pressures will be measured, and the 
possible error which may arise is discussed by Taylor. Thus, for example, a possible error of 
12 per cent in the determination of the mass of water drops may occur. On physical grounds 
it would seem that a pitot-tube of small diameter should read the first pitot pressure, and a tube 
of large diameter the second. At present, however, there is no systematic experimental evidence 
to confirm this. 

to the recorded pressure. 
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2.6.6. The IizJE.uence of Comiensatioiz on the Pfoftle Drag Measwed by the Wake-Travene 
Method.--Fig. 26 is included to illustrate the influence of moisture condensation on experimental 
observations. The figure gives values of the profile-drag coefficient for an aerofoil at  subsonic 
Mach numbers in the 20 x %in. N.P.L. tunnel deduced from a pitot-traverse in the wake. 
The Mach number plotted as abscissa was calculated from the observed static pressure of the 
undisturbed stream upstream of the model on the assumption of an isentropic expansion from 
the measured stagnation pressure at  the tunnel intake, and the pitot observations reduced in the 
usual manner on the assumption of isentropic flow everywhere outside of the wake of the model. 
The influence on the measured drag is considerable, but the relative values of the contributions of 
the various departures from the assumed conditions is not certain. 

2.7. Efects of Reynolds Nuwzbev nizd T.urbdence.-There is little evidence concerning the effects 
of Reynolds number and airstream turbulence on the flow pattern round a body at supersonic 
speeds. The effects of Reynolds number on model projectiles has been investigated by the 
Engineering Division, N.P.L. by an analysisloS~ log of results obtained in the Ordnance Board tunnel 
and on the shell range, and there appears to be in some cases a considerable effect on the pressures 
on the base of the projectile. 

No evidence of the effects of either Reynolds number or turbulence at supersonic speeds have 
been obtained in the Aerodyiiamics Division tunnels. The effects may be par-ticularly large 
close to a region where a shock-wave meets the boundary layer on the surface of the body 
under test. An investigation of the interaction of a shock-wave and the boundary layer on a 
flat surface with varying shock strength has been made by Fage and Sargentll, and similar, but 
rather more detailed, investigations with variations of both shock strength and Reynolds number 
by Ackeretl', and by Liepmann13. From the results of Ackeret's and Liepmann's tests it seems 
that the state of the boundary layer and hence the Reynolds number has a considerable influence 
on the nature of the interaction. 

In common with all low-speed tunnel tests at low Reynolds numbers, tests in the N.P.L. high- 
speed tunnels wi1.l be subject to the possibility of laininar separation. At low speeds the effects 
of laminar separation will be very similar to those observed in many other tunnels, but at  higher 
Mach numbers the effects are less well known. It is important to consider the possibility of 
laminar separation when comparing the results of measurements in the N.P.L'. high-speed tunnels 
with results-at higher Reynolds number, or applying them to full-scale aircraft. 

2.7. I.  Efeects of TurbwZe?~ce.-There is little iiiforination on the effects of airstream turbulence 
on the flow pattern round an aerofoil at high speeds. In the past, turbulence effects in the N.P.L. 
high-speed tunnels have been confused by the effects of condensation of moisture in the working 
section. Now that return ducts have been fitted, and moderately dry air can be used, it should 
be possible to investigate the influence of turbulence more thoroughly but so far this work has not 
been done. 

The problem is complicated by the absence of a reliable inethod of obtaining a quantitative 
measure of the turbulence at  high speeds. Sphere testsso were made in both the I-ft diameter 
and 20 x $-in. tunnels in 1942, but it was impossible to extend the tests to high Mach numbers 
because of the early shock-stall of the sphere. These tests, which are reported in R. & M. 1959so, 
indicated that the turbulence at  the working section was greatly influenced by the nature and 
arrangement of gauzes at the tunnel intake. With the best entry conditions tested it was found 
that the critical Reynolds' number of a sphere was of the same order as that measured in the 
.N.P.L. low-speed tunnels. It is doubtful, however, if these measurements have much relation 
to the degree of turbulence at  the working sections of the tunnels in their present form, since the 
tunnel entries have both been considerably modified since the original observations were made. 

There is evidence that the turbulence of the airstream. has a considerable effect on the drag of 
an aerofoil model particularly above the shock-stall. Drag changes below the shock-stall with 
variations of the tunnel turbulence are, presumably, due to changes of the transition positions 
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on the aerofoil surfaces. Above the shock-stall drag variation is possibly due to the dependence 
of the nature of the interaction of shock-waves and boundary layers on the condition of the latter 
upstream of the shock-,wave. The effect of airstream turbulence, as modified by alterations of 
the tunnel entry, on the drag of an aerofoil below the shock-stall is illustrated by Figs. 27,28, 29. 
The effect on the drag rise above the shock-stall, and on the free-stream Mach number at which 
the drag rise commences, is illustrated by Figs. 28, 29. The phenomena illustrated by these 
figures are purely qualitative and, apart from indicating that the airstream turbulence is of 
considerable importance, inconclusive. 

The intake arrangements of the 1-ft diameter and 20 x &in. tunnels have now been modified 
to the forms shown in Figs. 5(c) and 6(c) of Ref. 81, and it is found that, provided the gauze screens 
are kept clean, drag observations may be repeated satisfactorily, and it is concluded that the 
degree of turbulence may be maintained sensibly constant. There is no evidence that the 
insertion of a honeycomb in the entry of the I-ft tunnel has improved the turbulence, and it 
appears to have had an adverse effect on the uniformity of the flow across the working section. 
In view of the above, the proposed insertion of a honeycomb at the entry of the 20 x 8 in. tunnel 
has been postponed. It was found that the provision of straightener vanes (Fig. 5(c) and 6,  
Ref. 81) in the tunnel intake improved the turbulence as estimated by the drag of an aerofoil 
provided that the vanes were of good form, and that the junction at  the centre of the vanes was 
carefully formed. It has been suggested that a gauze be placed at a small distance above the 
floor of the entry chambers to the 1-ft and 20 x 8-in. tunnels to minimise the effects of separation 
of the boundary layer on the floor. 

2.8. Interference Due to the Constyaint of the Walls of a Closed Rectangular Tanizel on an Aerofoil 
Spanning the Working Section.-The corrections which must be applied for the influence of 
boundary constraint at low speeds have been summarised by Glauert1l0. In general, the method 
of calculating the magnitudes of the corrections involves the replacement of the tunnel boundaries 
by the appropriate image system (to satisfy the original boundary conditions) and the use of 
combinations of doublets, vortices and sources to represent the aerofoil. It is usual to divide 
the total interference into two components which may be termed the blockage and lift effects. 
These are assumed to be independent and are finally superposed to obtain the magnitude of the 

. required correction. 

2.8.1. Blockage.-Since the lateral expansion of the flow in passing the model will be constrained 
by the presence of the solid walls (assumed straight) the velocity at  the mod-el will be increased 
above the value in free air for a given relative velocity of the airstream far ahead. Thus, it is 
necessary to add a correction to the ‘tunnel speed’ in order to obtain the actual speed at the model. 
In addition to this ‘ solid blockage ’ effect, a similar effect will occur due to the ‘ wake blockage ’. 
Thus, since the wake is a region of reduced velocity, the requirement of continuity of mass flow 
in the tunnel will involve an increase of the speed of the stream surrounding the wake above the 
relative speed far ahead of the model. It is necessary, therefore, to add an additional correction 
to the tunnel speed for the wake blockage. In addition, the presence of the .wake will produce 
a pressure gradient along the tunnel axis* which will give a spurious drag increase for which it is 
necessary to apply a correction. It should be noted that blockage influences only the axial 
velocity distribution and has no influence on the transverse velocity. 

Lift E’ect.-This effect arises from the constraint of the boundaries on the velocity 
field of the circulation associated with the lift. The lift effect on the axial velocity component is 
zero, and it is only the transverse velocities which are influenced. The constraint is equivalent 
to a curvature of the flow in an unlimited stream and involves an effective change of camber and 
(since the centroid of the bound vortex system is situated a t  approximately the quarter-chord 
point and not at half chord) incidence. In practice it is inconvenient to apply a correction to 

2.8.2. 

8 It is assumed that there is no pressure gradient along the axis of the empty tunnel. If the cross-sectional area is 
constant along the working section, a pressure gradient will occur due to the growth of the boundary layer of the walls. 
This may be avoided, however, by the provision of a suitable gradual expansion of cross-section. 
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camber (since data are required for an aerofoil of given camber) and it is, therefore, usual to 
assume a plausible relation between camber, lift and pitching moment, and to apply corrections 
to the latter quantities alone. Similarly it is often inconvenient to correct incidence, and the lift 
curve slope (which is usually known with sufficient accuracy) is used to convert this correction 
to a correction to lift at  constant incidence. 

2.8.3. Corrections at Low Sj5eed-h addition to the corrections summarised by Glauert'lO, 
The equations equations have been given by Goldstein116, by Young and Squire'" and by others. 

given by Glauert neglect, in general, terms of higher degree than 

where c is the aerofoil chord and f its maximum thickness, 2h is the tunnel height normal to the 
chord-span plane. C, is the drag coefficient and 77 is an empirical factor used by Glauert to represent 
the width of the wake. Goldstein1l6 has given the corrections to the order (C /?Z)~ .  

The equations given by Glauert may be written : 

Lift Effect 

+ & ( g C L  

Solid-blockage Effect 

2 
- f 3, (&) CD 

Wake-blockage Effect 

Note.-C, is the pitching-moment coefficient about the quarter-chord point. 

where the terms without suffix apply to the measured values, and the terms with suffix .f to the 
values corrected to free-air conditions. The corrected coefficients apply to an incidence equal 
to the value in the tunnel and have been obtained in the above form on the assumption of a lift- 
curve slope of 2n. The blockage corrections t o  the lift and moment coefficients enter purely as 
corrections to dynamic head, 3, is a factor dependent on the shape of the ' basic profile' of the 
aerofoil (defined as the shape obtained when the camber is removed and the resultant symmetrical 
aerofoil placed at zero incidence) and is plotted in R. & M. 1566'" for a variety of shapes. The 
corrections given above do not include a correction for the pressure gradient arising from wake 
blockage as this is usually negligibly small, and also assume the drag coefficient constant over 
the small effective incidence change involved in the corrections. 

It will be noted that the wake-blockage factor E ,  defined above is independent of the drag 
coefficient. This will clearly not be true in practice since the factor must increase as the the drag 
coefficient rises and the wale widens. Such a factor may be obtained by the device of representing 
the wake by a source suggested by Prandt1115. By this method the factor 

.. . .  . . (54) E ,  = 1/4(&)CD .. .. .. .. 
is obtained. 
final correction which, for velocity is, for example, of the form 

This must then be added to the solid-blockage factor E ,  tabulated above to give the 

v, = (1 + E ,  + 8,)V. .. .. .. . .  .. . . (55) 
77 

(51891) F B  



More recently and Young and Squire'l' have shown that the blockage may be expressed 
in terms of the volume of the body. This method is, in general, more convenient than that given 
above for three-dimensional bodies and wing-body combinations. Thus, for example, for a 
two-dimensional wing of average thickness Young and Squire give the solid-blockage factor E ,  as 

B 
E ,  = 0.62 -- 4h2s 

where B is the wing volume and s the span. 
Thom gives 

0.77ct 2 
E , = - - - - .  - 8nh2 3 

.. . .  . .  . .  

. .  . .  . .  

.. 

. .  (57) 
Comparison with the values tabulated above indicate that this -is equivalent to replacing 2 by 
0-49cj t .  An inspection of the values of 1 plotted in R. & M. 1566110 shows that the value 
A = 0*49c/t is in good agreement with the original values for aerofoils of usual thickness/chord 
ratio. 

2.8.4. Corrections at Compressibility Speeds.-The linear-pertubation theory has been used by 
Goldstein and Young117, by Thornlll, by Allen and Vincenti113 and by others1'* to obtain equations 
for the corrections for boundary constraint at high Mach number. In general it is possible to 
retain the form of the low-speed corrections given above, and introduce the effects of com- 
pressibility by multiplication by some appropriate power of p ,  where p = (1 - M2)1/2. Strictly 
the method of superposition on which all low-speed corrections are based is not applicable at high 
Mach number where the differential equations are no longer linear in the physical plane. On the 
assumption that the disturbing velocity is small compared with the free-stream velocity, however, 
it is possible to obtain approximate linear equations. The resultant expressions are, however, 
only strictly applicable to thin aerofoils of small camber at low incidence and become inaccurate 
as the Mach number is increased. They are all based on low-speed corrections of the order of 
accuracy (i.e., ( c / J z ) ~ )  given by GlauertllO. The corrections given by Goldstein and Young117 are 
based on the equations summarised by Glauert 110 but include no correction to the lift and moment 
coefficients for the change of dynamic head associated with the correction to velocity (and, 
therefore, density) due to blockage. The corrections retain the empirical factor 71 in the wake- 
blockage terms and neglect the correction to drag due to the pressure gradient associated with 
wake blockage. Thomlll concludes that this latter correction is negligible and gives corrections, 
for blockage for all force and moment coefficients basing the wake-blockage correction on the drag 
coefficient by the use of a source to represent the wake. Allen and Vincenti113 give corrections 
for both the lift and blockage effects basing the wake blockage on the drag coefficient, and including 
a term to allow for the influence of the associated pressure gradient on the drag. The corrections 
in the form used at  the N.P.L. are given in Table 1. Since it is usually inconvenient to correct 
the incidence, this correction has been written in the form of a correction to lift coefficient at 
constant incidence. Allen 
and Vincenti113 give a method for the correction of the aerofoil pressure distribution for the 
influence of wall interference. Such a method has not, however, been used to date at the N.P.L. 

There is experimental evidence that the corrections given above and based on the linear- 
perturbation theory underestimate the blockage at high Mach number (greater than 0.8 of the 
choking Mach number say) if the ,b' terms are based on the uncorrected Mach number". By 
considering the mass flow through the tunnel 119 suggests that it is necessary to apply an 
additional blockage correction which increases rapidly as the Mach number approaches the 

At present there is no evidence that these corrections are the best. 

*There is some doubt concerning the appropriate value of M to be used in the determination of the powers of 
= (1 - M2)1/2 which appear in the equations. The uqcorrected values have often been used, but it has been argued 

The latter method is rather difficult to apply as a process of that it is more appropriate to use the corrected values. 
successive approximation is necessary. 
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choking value. Two alternative methods for the determination of this correction have been 
suggested-the first involves the multiplication of the solid-blockage factor determined by the 
linear perturbation theory by a factor ,LC, and the second is based on measurements of the pressures 
at the tunnel walls. Values of the factor ,U are given in R, & M. 238F4  for a range of values of 
the ratio of the tunnel Mach number to the choking tunnel Mach number and of the ratio of the 
two-dimensional aerofoil chord to the tunnel height. If the blockage factor E is determined by this 
method the corrections to the Mach number and force coefficients follow from the expressions :-- 

Mf - M = &(I + 0.2M2)M . .  . .  . .  .. . .  . . (58) 
c , - c = -  4 2  - M y  . .  . .  . .  . .  . .  . . (59) 

where C stands for C L ,  C, or C, . 

TABLE 1 
Corrections for W a l l  Interference f o r  a n  Aerofoil ConzPletely Spanning a Closed Rectangular Tunnel 

of Height 212 

Lift Effect Solid-blockage Effect 

2 -M2,-G2 
- - A  - c, -- 

p3 12 (q 

Wake-blockage Effect 

+ (1 + 0-4M2) (1 + 0.2Ma) 

- (2 - M2) (1 + 0.4M2) 
P2 

1 c  
x 4 -( 21% -) C D C L  

- (2 - M2) (1 + 0.4M2) 

- (2 - M 2 )  (1 + 0*4M2) 

(ii) 

1 +0*4M2 

Noks-p = (1 - M2)1/2.  
.Terms with suffix f refer to corrected values. The corrected lift and moment coefficients apply at the tunnel 

* I t  is generally more accurate to use the experimental lift-curve slope a, rather than the theoretical low-speed 

The solid blockage and wake blockage (i) corrections to the force and moment coefficients are corrections due to the 

The wake blockage (ii) correction to drag is for the effect of the pressure gradient. 

y = 1.40. Terms without suffix refer t o  values measured in the tunnel. 

incidence CC. C,, is the pitching-moment coefficient about quarter-chord. 

value 2n. This may be included by multiplying the expression by n0p/2n. 

change of dynamic head. 
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In the 12-in. diameter tunnel it has been the practice to apply a correction for blockage alone. 
The correction employed is based on some early experiments on two aerofoils of N.2030 section 
and of 2 and 1. 2-in. chord. The speed a t  the model is taken to be the speed well upstream plus 
0.4 of the difference between this latter speed and that at  the wall opposite the model. More 
recently, the interference at high speed in a closed circular tunnel has been discussed on a 
theoretical basis by Vincenti and Graharnlz4. 

The requirement of the above correction makes it difficult (in common with all high-speed 
tunnels with unstreamlined walls) to use the Machmeter to obtain even values of the 
Mach number at  the model. This difficulty has been overcome in the 12-in. diameter tunnel 
by the use of a system of capillary tubing in a leak connection between pressure holes opposite 
and upstream of the model thus enabling a pressure equivalent to, the static pressure corresponding 
to the corrected tunnel speed to be connected to one side of the Machmeter. 

It is realized that this correction in the 12-in. diameter tunnel may be inaccurate, particularly 
as the choking speed is approached. In view of other sources of error of comparable magnitude, 
however, a more complex correction seems unjustifiable, particulary in the case of balance 
measurements. 

2.8.5. TwzneZ Clzokiutg.-A high-speed subsonic tunnel is said to be ' choked ' when further 
increase of power input to the prime mover produces no increase of Mach number in the working 
section ahead of the model. This is equivalent to defining the choked condition as the condition 
when the rate of mass flow through the tunnel reaches a maximum. When the tunnel is empty 
(i.e., there is no model in the working section) choking normally occurs when the velocity across 
some cross-section of the tunnel becomes equal to the critical sonic value. As shown in Fig. 2 of 
Ref. $1 the mass flow through the choked section is a maximum when this condition is reached. 
In a direct-action tunnel choking may be produced a t  the downstream end of the working section 
by the growth of the boundary layers of the tunnel walls. In an induction-type tunnel, however, 
there is evidence that empty tunnel choking may in some instances be due to the formation of 
a choked throat in the region of the injector slot. 

When a model is placed in the working section it is, in general, found that the choking speed* 
of the tunnel is lowered. Choking under these conditions normally occurs in the region of the 
model. This phenomenon may be explained by the assumption that choking occurs when sonic 
velocity spreads uniformly between the model and the tunnel walls. On this assumption the 
choking speed can be calculated with moderate accuracy, and the rise of drag without further 
increase of Mach number ahead of the model explained. Thomlll, has recently given an 
alternative analysis which suggests that choking occurs when the regions of supersonic velocity 
near the model extend so far that further rise of the velocity ahead of the model produces such a 
reduction of mass flow through the supersonic regions that it neutralizes the increased mass flow 
in the region of subsonic velocity nearer the tunnel walls. This explanation is also compatible 
with the observed increase of the drag of the model with increase of the power input to the tunnel 
after choking has occurred. This drag rise is due to the increase of the size of the supersonic 
regions and of the amplitude and extent of the associated shock-waves and flow separations. 

There is at present no reliable method of reducing measurements made in a tunnei after 
choking has occurred to an equivalent flow in free air. Indeed it is doubtful if the flow pattern 
round the model in the choked condition corresponds to any flow which may occur in an unlimited 
stream. None of the methods of calculating the corrections for wall interference based on the 
representation of the model by source, sink and vortex combinations can account for the 
phenomenon of choking, but Thom114 has suggested an alternative method based on considerations 
of the mass flow through the tunnel, of calculating the blockage corrections below the choking 
speed which does predict choking. The accuracy of all corrections for wall interference becomes 
uncertain, however, as the choking speed is approached. 

* The choking speed is defined as the tunnel speed (z.e., the speed in the working section sufficiently far upstream to 
be uninfluenced by the presence of the model) at which choking takes place. The choking Mach number is the Mach 
number corresponding t o  this value of the tunnel speed. 

- 
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Since heat release in a channel is accompanied by a Mach number change towards unity it 
should be noted that, if the airstream contains moisture, condensation may lead to a decrease of 
the choking speed of a subsonic tunnel. 

By the use of adjustable walls it is, in theory, possible to streamline them and to eliminate 
tunnel interference and choking at all Mach numbers. Since at unit Mach number the Mach 
number is infinitely sensitive to changes of the cross-sectional area, however (see Fig. 2 of Ref. 81), 
it  is not possible to streamline the walls in practice at Mach numbers close to unity. Moreover, 
the theoretical considerations on which the standard N.P.L. method of determining the streamline 
shape is based certainly became invalid when the shock-wave from the aerofoil extends to the 
wall and are probably inaccurate at a lower Mach number. Since a streamline is deflected suddenly 
at  an oblique shock-wave the adjustable walls must be capable of such sudden changes of slope 
if they are used to imitate streamlines in a supersonic flow. It is indicated below, however, that 
if is not necessary, in general, to streamline the walls of a supersonic tunnel. 

The observed limiting working-section Mach numbers for the N.P.L. 20 x %in. tunnel are 
plotted in Fig. 30 for straight walls and for walls streamlined by the standard method. It should 
be noted that the measurements on which this figure is based were subject to the influence of the 
condensation of atmospheric humidity. More recent observations with dry air have indicated 
that the limiting tunnel speeds are now increased above the values plotted. The experimental 
values are compared with the theoretical choking Mach numbers calculated on the basis of the 
original one-dimensional theory described above. It would be expected that this simple theory 
would over rather than under-estimate the choking speed, but Fig. 30 indicates that the converse 
is apparently true for the 20 x 8-in. tunnel. This discrepancy which does not appear to be 
confirmed by experiments at the R.A.E.I7* and in AmericaLz3 must be attributed partly to a 
departure of the flow from uniformity across the tunnel and chiefly to the condensation of mois- 
ture. It may also be connected with the small longitudinal gaps at  the sides of the adjustable 
walls. 

This is discussed in section 2.6.3. 

2.8.6. Interference due to  the Boundary Layer of the Side T/tTnlls.-The presence of the boundary 

(a) The spread of turbulence from the wall boundary layer by transverse contamination 
along the aerofoil span may have an appreciable effect on the force coefficients and 
pressure distribution, particularly if a large part of the aerofoil boundary layer is 
naturally laminar. In the N.P.L. 20 x 8-in. tunnel, however, explorations and 
observations with chem.ica1 transition indicators7' have shown that the flow over the 
centre part of the aerofoil (on which all measurements are made) is not influenced by 
this phenomenon. 

(b) Interference will arise from the induced velocity of the images of the trailing vortices 
formed as the lift of the aerofoil decays in the boundary layers of the side walls. With 
a 5-in. chord model the correction required for this effect is, according to Pre~ton'~,  of 
the order* of 2 to 3 per cent on incidence, and is often neglected. 

(c) The presence of the boundary layers on the side walls may also result in a slight departure 
from two-dimensional flow over a large part of the span. Thus, for example, spanwise 
flow has been observed close to the surface of an aerofoil at  the leading and trailing 
edges by the use of an oil-film technique. It seems, however, that this effect is 
unimportant in most tests in the 20 x 8-in. tunnel. 

layer of the side waIls has three effects :- 

2.9. The Adjustable Walls of the N.P.L. 20 x 8-in. Tuiznel.-The adjustable walls of the 
20 x %in. tunnel are shown in Fig. 31 diagrammatically, and a drawing of one of the micrometers 
together with its attachment to the wall is shown in Fig. 32. The walls are fitted with surface 

the flow to be two-dimensional at each element of the span. 
* There is evidence that Preston's theory overestimates the magnitude of this effect. This may be because he assumes 
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pressure holes at each micrometer and the method of setting the walls is based on pressure 
measurements at  these. The tunnel speed is measured on hole 13B upstream of the model as 
shown in Fig. 31. 

Up to the end o€ 1944 the standard method of setting the walls for no lift was based on some 
early theoretical work by Taylor and by Goldstein (see Appendix I1 of R. & M. 200P3). This 
shows that for compressible flow past a corrugated wall analysable into a Fourier series, the 
pressure variations along a straight wall parallel to it are twice those at the same points in the 
absence of the wall. Thus the tunnel wall settings corresponding to free-air conditions should 
be such that the pressure variations along the walls produced by the presence of the model are 
half those which would be observed on a straight wall. Assuming linearity between pressures 
and tunnel width, it was concluded that it would be sufficient to set the walls half-way between 
the straight position and the position for uniform pressures when the model was in the tunnel. 
The wall settings for uniform pressure were determined experimentally, and the straight ’ 
position was taken as that giving zero pressure gradient with the tunnel empty. Thus the 
straight wall setting included an allowance for the growth of the wall boundary layer. 

When the aerofoil is experiencing a lift, equal uniform pressures on the two walls can only be 
obtained by bending the axis of the tunnel through a finite angle 0 ,  which is related to the lift 
coefficient by the expression 

. .  . .  . .  . .  CCL. 
4n U == - , to the first order in C,-, 

where c is the  aerofoil chord, C ,  the lift coefficient and 2h the tunnel height. Such a shape could 
not be imitated in the existing tunnel and the following alternative scheme was adopted. The 
walls were adjusted to give a constant pressure along each but differing on the two sides of the 
tunnel, the value of the difference depending on the lift. The walls were then set to  a position 
half-way between the straight setting and the position for level pressures with the model present 
as in the case of zero lift. Lock and Beavan ha& examined the problem in detail in R. & M. 
ZOOSz3, and have concluded that a better approximation to the streamline wall. settings can be 
obtained at zero lift by setting the walls 0 .6  of the distance between the straight settings and the 
settings for level pressures with the model present (closer to the latter). For a finite lift the 
following method is now generally used at the N.P.E. 

With the aerofoil at  its test incidence the walls are first experimentally set for constant pressures 
(unequal on the two sides). Then 0.6 of the meanchangeof the twosides from the straight condition 
of uniform pressure in the empty tunnel is added to the latter together with an amount, positive 
on one side and negative on the other, calculated from equation (61) below for a single vortex in 
free air based on the estimated lift coefficient at  the particular Mach number considered. The 
lift coefficient is usually known to a sufficient degree of accuracy from preliminary tests, either 
by the measurement of the normal pressure distribution over the model or by the integration of 
the tunnel wall pressures. 

Since the wall settings will, in general, differ for each Mach number and lift coefficient the 
above method involves a considerable amount of labour in practice, and the use of adjustable 
walls in future high speed tunnels has been criticised on this and other grounds in Ref. 74. 

2.9.1. Stveamliiaes and Pvessuves Youiad a Doublet, Vortex a d  Souvce.-In R. & M. 200523, Lock 
and Beavan use image systems and the linear-perturbation theory as given by Goldstein and 
Young117 to calculate the streamline deflections and pressure changes produced by the introduction 
of a doublet, vortex and source at the origin. The equation for the deflection 6 of the streamline 
(0, h) produced by a vortex of strength k without tunnel walls is alone reproduced here since it 
is used directly in the calculation of the wall setting (see section 2.11). 



Here U is the streamwise velocity, x the distance from the origin parallel to the tunnel axis and, 
as before, B == (1 - &/rz)1/2. Equations for the streamline deflection and pressure change due 
to a doublet and source as well as a vortex are given in R. & M. with no walls, straight 
walls and constant pressure walls. The results are summarised in Fig. 33 where expressions 
proportional to the streamline deflection and pressure change are plotted as ordinate against the 
quantity x/ph as abscissa for straight and constant pressure walls and the free-air case for a 
doublet, source and vortex at the origin. It appears from this figure that for either a doublet 
or source (no lift) at the origin the free-air wall shape lies approximately 0.6 of the way between 
straight and constant pressure settings. For finite lift the free-stream wall shape for a vortex 
can be imitated without difficulty by the adjustable walls of the 20 x 8-in. tunnel over their 
available. length in spite of the logarithmic infinity of equation (61). 

If the aerofoil could be replaced by a known system of doublets, vortices and sources, it would 
be possible to calculate the ideal streamline wall setting at  each Mach number and lift coefficient. 
In practice, however, this system is quite unkown. The wall settings for a simple doublet and 
source together with the additional displacement required to allow for the lift on the basis of a 
single vortex have, however, been used in the derivation of the method of wall setting described 
in section 2.11 below. Since this method of wall setting is based on the use of doublets, vortices 
and sources to represent the aerofoil, on the method of superposition, and on the linear- 
perturbation theory, its theoretical basis is no more sound than that of the corrections discussed 
above for the wall interference in a straight-walled tunnel. Nevertheless, the use of adjustable 
walls increases the choking speed of the tunnel, and an examination of experimental results has 
indicated that the results appear to be reliable up to nearly the top speed of the tunnel. 

2.9.2. Experimental Observatioizs usiag the Adjustable Walls.-Typical examples of the pressure 
distributions along the straight walls with a 5-in. chord aerofoil of E C  1250 section at 2 deg 
incidence in the working section are shown in Fig. 34. The difference between the pressure at  a 
reference point in one of the longer (side) walls ahead of the model ancl at the adjustable walls in 
inches of water is plotted against distance along the tunnel axis for a number of Machnurnbers 
measured at  hole 13B ahead of the model. An approximate scale of Mach number is appended 
to the ordinate. The local increment of Mach number due to the presence of the aerofoil is 
separated into the effects of blockage and lift in the lower parts of Fig. 34, where the sums and 
differences of the pressure differences on the two sides of the tunnel are plotted for a range of Mach 
numbers. The blockage figure illustrates typically the effects of this phenomenon on the axial 
velocity distribution. It would be anticipated from theory that the peaks of the blockage curves 
would occur opposite the mid-chord of the aerofoil (position of maximum thickness) and that 
those of the lift effect would occur opposite the quarter-chord point (centroid of the bound vortex 
system). This is well fulfilled at  the lower Mach numbers, but both peaks niove downstream at 
higher Mach number. 

An examination of the blockage curve illustrates the effects of solid and wake blockage, but 
the latter is best seen from Fig. 35 where the changes of pressure and Mach number I .7 chords 
behind the trailing edge are plotted against the Mach number well ahead of the aerofoil for a range 
of incidence. Theoretical curves calculated by a method due to Thomlll are included and the 
agreement is reasonably good up to the highest Mach number. The effects of blockage are 
summarised in Fig. 36 where the peak pressure difference opposite the model is plotted against 
the Mach number ahead of the model. Curves calculated by potential theory for an ellipse of 
the same thickness and at the same incidence as the aerofoil are added, and it can be seen that 
the curves begin to diverge appreciably at Mach numbers greater than about 0.7. Beyond this 
point up to the top speed of the tunnel (even, it is found, after the shock-wave from the aerofoil 
has reached the wall on one side) the curve of rise is smooth. A large part of this excess rise is 
due to the increasing importance of the wake-blockage component at the higher tunnel speeds. 
This is best seen in Fig. 37 where sample blockage curves at high Mach number have been 
analysed into the solid and wake-blockage components, the latter being assumed to be of the 
form produced by a source. The full lines for the solid-blockage component are obtained as 
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the difference between the total and wake blockage, and the broken lines are calculated for 
doublets of strength sufficient to give the same peak solid blockage. It may be seen that, if the 
wake blockage is large (as it is when the drag rises at  the shock-stall), it will add to the solid 
blockage opposite the centre of the aerofoil (which is all that can be predicted by potential theory) 
and will account for the rearward sh.ift of the peak blockage pressure at the higher Mach numbers. 

On the basis of the above and other evidence it seems that simple doublet and source system 
may be used to replace the aerofoil as regards blockage up to a very high Mach number. The 
alternative analyses of Fig. 37 show, however, that the positioning of the equivalent source may 
be of importance as regards the choice of the magnitude of the equivalent doublet. 

The lift effect is shown in Fig. 38 where the difference between the pressures at  the two walls 
(the mean values at  equal positive and negative incidences) are plotted as a function of Mach 
number. Theoretical curves for a vortex of strength based on the lift coefficient of the aerofoil are 
added, and it may be seen that these curves are in good agreement with the experimental observa- 
tions over the greater part of the range of Mach number. Thus it appears that the simple vortex 
may be used with satisfactory accuracy to represent the lift of the aerofoil. The assumption 
that the lift and blockage effects are independent is also justified. 

2.9.3. Lift by the Integration of Wall Pressures.-It has been indicated that when the aerofoil is 
experiencing lift it is impossible to shape the walls of the tunnel to give pressures which are 
constant on each and equal on the two sides of the tunnel. In practice it is found that for any 
given value of the lift there is a particular value of this pressure difference which is most easy to 
obtain. If it is assumed that any force on the aerofoil normal to the stream is transmitted by 
pressure to the walls it should be possible to deduce the lift by an integration of the differential 
wall pressures. 

With the straight walls the available length is sufficient to enable the lift to be deduced, but 
with the streamline settings the wall pressure variations fall off more gradually and a greater 
length than that provided in the 20 x 8-in. tunnel is required. In Fig. 39 the lift coefficients 
deduced from surface-pressure plotting at the aerofoil are compared with values deduced from 
the integration of the pressures on the available length of the straight walls. The form of the 
two curves is similar, but there is a discrepancy of the order of from 5 to 10 per cent, although 
theoretically this should be only 1 per cent (based on the curve of Fig. 33 for the pressures around a 
vortex). This discrepancy is attributed in R. & M. 200523 t o  the fact that the wall pressures are 
measured at the middle of the wall and that the pressure is not uniform across the wall. It would 
seem to be reasonable to use a factor to  correct for this. With the available length of streamlined 
walls the discrepancy would theoretically be of the order of 20 per cent and this has been 
confirmed experimentally. 

Apart from certain special applications, the lift is usually obtained by the integration of normal 
pressures over the model rather than the wall at  the N.P.L. since the former gives a considerable 
amount of useful information in addition to the lift coefficient. 

Again a correction factor appears to  be permissible. 

2.10. Intercomparison of Observations with Straight and Streawzlined Walls.-The lift, moment 
and drag coefficients of a 10 per cent thick NACA (N 1050/1650) aerofoil with straight and stream- 
lined walls are shown in Figs. 40 to  42. The points shown correspond to the corrected values of 
the measurements with straight walls. The corrections have been applied by the equations given 
in Table 1 above, and based on the uncorrected Mach number, together with the additional factor 
,U suggested by Thorn. In general it appears that, with the exception of lift at high incidence, 
the corrected observations with the straight walls are in satisfactory agreement with the observa- 
tions made with the walls streamlined. The lift curves were corrected by the use of the experi- 
mental value of the lift-curve slope and not the theoretical value. 

2.11. Wall Interference at Supersonic Speeds.-The interference due to the presence of the tunnel 
walls on a two-dimensional aerofoil in a supersonic stream has been considered by HiltonZ4 and 
others. In the usual manner, the boundary condition of zero normal velocity may be satisfied 
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by replacing the wall by an infinite series of images. A single image is shown in Fig. 43 and it is 
clear that if the flow is everywhere supersonic no interference will be experienced by the aerofoil 
provided that it is upstream of the bow-wave of the image A, the portion CB of this wave 
coinciding with the reflection of the aerofoil bow-wave from the tunnel wall. On the assumption 
of wholly supersonic flow, therefore, the criterion for zero wall interference is that the reflection 
of the bow-wave shall not strike the aerofoil. A similar criterion applies to models other than 
the two-dimensional aerofoil. 

In a real flow, regions of subsonic velocity always exist in the boundary-layers of the tunnel 
walls and in the aerofoil wake. Thus it is possible for the model to be influenced by the propaga- 
tion of disturbances upstream in these regions. All possibility of upstream propagation in the 
wake could be eliminated by ensuring that reflected bow-wave only meets the wake sufficiently 
far downstream of the trailing edge for flow in the wake to be supersonic. The possibility of 
upstream propagation in the tunnel-wall boundary layers is, however, always present. There is, 
however, experimental evidence to indicate that the model will be free from wall interference 
provided that the reflected bow-wave does not strike the wake too close to the trailing edge (less 
than 1 chord behind the trailing edge for an aerofoil or 3 calibres behind the base of a projectile). 

If the nose of the aerofoil is blunt, the incidence high or the free-stream Mach number low, 
deceleration to a subsonic velocity may take place behind the bow-wave. If the region of subsonic 
velocity extends to the wall the aerofoil will become subject to  wall interference or, more strictly, 
all parts of the aerofoil over which the velocity is subsonic will experience interference from all 
parts of the wall over which the velocity is subsonic provided that a region of supersonic velocity 
does not intervene. In addition to observing the reflected bow-wave it is also necessary, 
therefore, to ensure that the pressure at  the tunnel wall in the vicinity of the model never falls 
to a value corresponding to a subsonic velocity. 

It is, therefore, possible (and necessary) to ensure that a model in a supersonic tunnel is free 
from wall interference provided that the Mach number is sufficiently high. As the Mach number 
falls towards unity, however, it is necessary to decrease the model size (to zero at M = 1) if 
interference is to be avoided. 

If the cross-section of the tunnel is circular, and the model completely spans the tunnel, the 
regions of the span close to the walls will always be subject to interference from the reflected 
bow-wave. Moreover, there is some evidence, both experimental6' and theoreticaP2, that 
disturbances on the axis of a circular tunnel are more violent than elsewhere in the flow. For 
example, it seems that a disturbance originating around the periphery of the tunnel must build 
up into a disturbance of high amplitude towards the apex of the disturbance cone near the tunnel 
axis. Thus a circular cross-section besides being unsuitable for two-dimensional work is also 
unsuitable for three-dimensional tests since in the latter the model will be supported close to the 
axis and moreover may be long in the direction of the stream so that axial variations have an 
important effect. 

Moreover, the use of a circular cross-section does not permit the use of sensitive optical systems 
of either the direct shadow, schlieren or interferometer type. The construction of nozzle liners is 
simpler with a tunnel of rectangular section than with a circular tunnel. Also, it is probable 
that it is easier to make an experimental correction for errors in the initial design of the nozzle 
in a two-dimensional than in a three-dimensional nozzle. 

There is, therefore, an overwhelming argument against the use of a circular cross-section for 
supersonic wind tunnels. As regards the choice of suitable relative dimensions for the rectangular 
section, considerations of the possibility of testing both two and three-dimensional models and of 
obtaining a reasonable depth of optical field appear to favour a section approximating to square. 
If, however, the tunnel is also to be used for two-dimensional tests at high subsonic and low 
supersonic Mach numbers it may be desirable for the tunnel dimension normal to the chord-span 
plane to be increased so that the wall interference is reduced. These considerations led to the 
choice of the cross-sectional shape of the proposed 18 x 14-in. N.P.L. subsonic and supersonic 
tunnel. 
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Apart from a number of small tunnels and a few supersonic runs of the 20 x 8-in. tunnel, the 
only large tunnel available for supersonic operation in the N.P.L. Aerodynamics Division has 
been the 1-ft diameter tunnel. This tunnel was not originally intended for supersonic running 
but has recently been extensively used for this purpose. Many interesting results have been 
obtained, but, for the reasons outlined above, tests have not been as complete as might be desired, 
and many of the results may be subject to errors of uncertain magnitude. Nevertheless, two- 
dimensional supersonic tests in this tunnel have been in good agreement with theory and the 
results of tests made elsewhere. A cylindrical working section of ‘ Perspex ’ has enabled some 
limited flow visualization to be done. It is hoped* in the near future to install a working section 
9$-in. square to fit on to the injector and diffuser of the existing tunnel with an intermediate 
transition piece. 

2.12. Yawmeters.-Some work was done early in the life of the N.P.L. high-speed tunnels to 
investigate the effects of increasing Mach number on the sensitivity of various types of yawmeter, 
and to develop an instrument suitable for use at high speeds. The use of such an instrument is 
of importance in the calibration of the flow in the working section, and in exploring the flow 
round, and downstream of, an aerofoil model. Several types of yawmeter including the aerofoil, 
circular cylinder and several instruments of the bent pitot-tube type were tested. 

2.12. I. Aevofoil Yawmetev.-This instrument consists of a 2-in. chord, 2-in. span aerofoil of 
EC 1250 section with a single pressure hole in each surface 0.15 of the chord from the leading 
edge. This pressure-hole position was chosen to give maximum sensitivity to yaw over the 
required range of Mach number by a consideration of the pressure distributions measured on a 
5-in. chord model in the 20 x $-in. tunnel. The aerofoil is usually mounted at the centre of a 
streamline strut (l+-in. chord) which completely spans the tunnel, but it may also be mounted on 
an end bar. The instrument has been used extensively to determine the yaw and swirl at  the 
working sections of the 12-in. diameter and 20 x $-in. tunnels, the swirl being deduced from a 
measurement of yaw at several points across the section. 

The method of yaw measurement consists of varying the incidence of the yawmeter until equal 
pressures are recorded at the two measuring holes. The incidence of the yawmeter is varied in the 
Win. diameter tunnel by using the incidence changing gear of the three-component electric balance 
in which the instrument is mounted. In the 20 x $-in. tunnel the yawmeter is usually mounted 
at the position of the two small portholes (Fig. 8(a) of Ref. $1) upstream of the normal model 
position, and a specially constructed gear is used for varying the incidence. 

A sketch of the aerofoil yawmeter is given in Fig. 44(a) and typical calibration curves in 
Fig. 44(b) ; the influence of tunnel speed on the sensitivity is indicated in Fig. 44(c). The instru- 
ment has been found satisfactory for tunnel calibration, and has also been used to measure the 
downwash downstream of a 5-in. chord aerofoil in the 20 x $-in. tunnel. It is, however, rather 
unsatisfactory (and quite useless with its present size) for detailed explorations of the flow round 
an aerofoil because of the disturbance which it produces. Moreover, at  very high speeds, the 
static pressure on the surface is limited by the attainment of sonic speed further downstream 
and it might be expected that at such speeds the sensitivity of the instrument would fall. This 
is shown in Fig. 44(c). 

212.2. The Circulav-Cylindev Yawwzetev.-This instrument has the advantage that it may be 
rotated without giving rise to additional disturbances of the flow. The method of operation of 
the instrument again involves a rotation until equal pressures are recorded at two holes in the 
surface. Preliminary tests only have been made with this yawmeter in the N.P.L. high-speed 
tunnels, and these indicate that the instrument is satisfactory. The positions of the pressure 
holes for maximum sensitivity were calculated from Stanton’s original measurements of the 
pressure distribution round a cylinder at high speeds41. In Stanton’s paper the value of ~t =$/p  V z  

* This was done in January, 1948. 



(where p is the pressure on the cylinder at  a point subtending an angle 0 with the leading edge, 
p is the free-stream density and V the free-stream velocity) is plotted against 0 .  From these 
observations the value of &/do has been plotted in Fig. 45 as a function of 0 and free-stream 
Mach number. 

It has been suggested that by the use of a third hole at the trailing edge of the cylinder, it should 
be possible to obtain measurements of velocity simultaneously with those of yaw. A sketch of 
the head of the instrument used at the N.P.L. is given in Fig. 46. 

2.12.3. Bevtt-Tube Yawmeters.-This type of instrument consists of two or more pitot-tubes 
inclined to the airstream. The tubes are arranged symmetrically, and the whole yaw head 
inclined until equal pressures are recorded at each tube. The original instrument tested consisted 
of two pitot-tubes inclined towards each other at  angles of 45 deg to the axis of the instrument 
(Fig. 47), the design being similar to that of the usual low-speed type'". The tube mouths are 
arranged close together so that errors associated with small space variations of yaw and speed are 
minimised. The instrument was found to be satisfactory at  low speeds, but to give very unsteady 
and unreliable readings at  higher speeds due, presumably, to the increased mutual interference 
of the two tubes. In an attempt to obtain a more satisfactory instrument a yawmeter consisting 
of two pitot-tubes inclined apart in the form of a Y was tested. Whilst steadier observations 
were obtained with this than with the original instrument, it was still unsatisfactory and has the 
additional disadvantage of magnifying the effects of space fluctuations. It appears that an 
instrument of this type, whilst lending itself to construction on a small scale, is not very suitable 
for use at high speeds. 

measurements of the distribution of stagnation and static pressure have several disadvantages. 
2.13. Optical Systems of Flow ExpZorntiou2.-Methods of flow exploration depending on 

(a) W7ith the exception of the measurement of normal surface pressure, all such methods 
involve the introduction of a disturbance into the flow field. 

(b) The inertia of the measuring apparatus is usually high (with the exception of certain 
types of pressure capsule), and such methods are, therefore, suitable for measurements 
in steady flow alone. 

(c) The labour involved in the exploration of large fields is considerable, particularly at high 
Mach number where the disturbance and interference of a comb of exploring tubes is 
usually prohibitive. 

(d) Unless yawmeters are used the observations are often subject to the effects of yaw. 
(e) In the case of the measurement of static pressure the boundary layer of the exploring 

tube may prevent the accurate recording of a sharp pressure change. 
(f) It may be difficult to avoid vibration of the exploring tube thus, introducing an unknown 

effect on the recorded pressure. This implies the necessity of a rigid support and should 
also be classified under (a). 

(g) Static pressure tubes in a supersonic stream are subject to a small extent to  the influence 
of the bow-wave of the tube, and at high subsonic Mach numbers to the possible 
formation of local shock waves. 

These considerations suggest that an alternative method of flow exploration may be of value 
in high-speed tunnel work. If the density is known at  all points in the flow field it is possible on 
certain assumptions and with a knowledge of the total head to deduce the pressure and velocity. 
Moreover, it is well known that the density p is related to the refractive index n by the equation 
of Lorenz which may be written approximately 

1% - 1 . .  ___- - constant. 
P 
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Thus, the problem of flow exploration may often be reduced to that of determining the refractive 
index at all points in the field. This suggests the use of one of a number of optical methods which 
are not subject t o  any of the limitations of the pressure exploration methods discussed above. 
Before proceeding to a more detailed description, it may first be of value to outline some simple 
aspects of the theoretical basis on which the optical methods depend. 

Referring to Fig. 48, let Oz represent the undisturbed path of a ray of light, and let A and B 
represent points on an element of the wave front at  0. Suppose now that a disturbance is 
introduced into the light path with a refractive index gradient normal to Oz which is represented 
by anjax. Then if n is the refractive index at  0, the refractive indices nA and nZB at A and B 
respectively will be given by 

an 
ax 

an 
ax 

nA = n + - f i x ,  
and 

nB = n - - 6%. 

If ‘o is the velocity of propagation of the wave-front at 0, the velocities vA and v, at A and B will be 
n 
a% 

n + z 6 x  
0, = v > 

After a time interval at, let the wave-front be at A’O’B’. Then the angle BCB’ is given by 
A A ‘  - BB‘ a e = - - - -  A C  BC 

and hence if CO, the radius of curvature of the ray, is denoted by R 

V 

or 

Denoting the distance along the ray between 0 and 0‘ by 6s, the deflection 68 of the ray from its 
undisturbed path is given by 

1 an 
68 = - - ds,  .. .. .. . .  .. .. . . (64) n ax 

and the total deflection Ox in the x, x plane by 
1 3% 

e z = = - J n a x d S .  .. .. . .  .. .. . .  . . (65) 

Similarly the deflection due to the density gradient dn/dy in they, x plane is given by 
1 an . . (66) O.=/n,ayds.  .. .. .. . .  . .  . .  

For the purpose of deducing the refractive index from experimental observations it is then 
to assume that the deviation of the ray from its undisturbed path within the disturbance is 
infinitesimal so that ds may be replaced by dx in the above equations. 
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2.13.1. The SchZieren Method-The form of the ~chlierecl~~. '", lZ3 or striation method which is 
most commonly employed is that usually attributed to Topler, and in this method an attempt is 
made to record some quantity from which it is possible to deduce the deflection 0 of equation (65). 
An extended line source of light is usually employed, and the light is generally converted into a 
parallel beam before passing through the tunnel. Referring to Fig. 49, the light from the source 
S is converted into a parallel beam by the lens (or mirror) L, before entering the working section. 
Beyond the working section, a second lens L, is used to produce an image of the source in the 
plane K beyond which a camera produces an image of the flow in the working section on a screen 
or photographic plate. By a suitable choice of camera lens the size of the resultant image may 
be adjusted over a wide range, and it is usually possible, therefore, to obtain an adequate intensity 
of illumination. 

If the source is of uniform intensity, and the angle w (Fig. 49) is sufficiently small (CO < 4 deg), 
the image obtained at the screen will be of uniform brilliance. If now an opaque cut-off is 
introduced in the plane K so that a fraction of the image of the source is obscured, the illurnination 
at  the screen will remain uniform (since K is at  the focus of L,) but will be reduced. Referring to 
Fig. 49, the illumination at the screen will be proportional to the distance a. When a disturbance 
is introduced into the working section a deflection of the light will take place, and the corresponding 
part of the image of the source will move a distance da relative to the cut-off. Since both this 
movement and the change of illumination are proportional to the angular deflection e of equation 
(65), observations of the change of illumination will be a measure of the density gradient in the 
tunnel. 

A a = f 2 0 ,  .. .. = .  . .  . .  .. . .  . . (67) 

Thus assuming that 0 is small : 

where fz is the focal length of the lens L2, and 

AI A a  
I a ' . a  

.. .. . .  . .  .. . .  - - - -  

where A I is the change of illumination at the screen and I the original value. Hence, 

. .  . .  

. . (68) 

from equation (65). 

Fig. 50 shows the cut-off as seen from the direction of the axis of the optical system. Considering 
some particular point of the image of the source originally focused at  P,, the introduction of the 
disturbance will displace P, t o  either P, or PO. The optical system will only indicate the com- 
ponent da of this displacement normal to the edge of the cut-off, and since this displacement is 
a function of the component of the density gradient in this direction, it follows that the line source 
and cut-out must be placed in a direction perpendicular to that of the density gradient which is 
to be observed. It is clear that the illumination will be proportional to the image displacement 
only so long as the image of the source is not deflected right off (or on to) the cut-off. 

The sensitivity of the system is directly proportional to the focal length of the second lens or 
mirror and to the extent of the initial cut-off of the image. If, however, the initial cut-off is too 
great the system will be insensitive to deflections of the image towards the opaque portion of the 
cut-off and diffraction effects may become serious. Thus, in practice it is necessary to adjust the 
cut-off initially so that an image of uniform finite intensity of illumination is obtained. It may 
be shown that the sensitivity is inversely proportional to the range of deflections over which 
the image of the source remains partially cut off. Thus, in practice, the sensitivity must not 
be too high or this range will be exceeded. 
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The method of operation of a schlieren arrangement of the type described above may be under- 
stood by considering Fig. 51 which shows a photograph of the flow around a double-wedge aerofoil 
at M = 1.4  in the 5 x 2-in. tunnel at the N.P.L. The cut-off was parallel to the chord with the 
opaque side in the position shown. The directions of the positive components of the density 
gradient perpendicular to the edge of the cut-off are shown in Fig. 52, and it is clear from equation 
(65) that deflections of the light will take place in these directions. Thus, on one side of the chord, 
expansions cause a deflection off the cut-off and increased illumination, and on the other side, a 
deflection onto the cut-off and decreased illumination. The converse is true for compressions, 
and the photographic record is, therefore, symmetrical about a line through the aerofoil chord 
except that the images of the flow phenomena are of opposite sign on each side. It should be 
noted that the arrangement indicates only density gradients, and that except in the wake, shock- 
waves and regions of expansion where the density gradient is finite, the illumination is constant. 

Whilst it is theoretically possible to deduce the density quantitatively from records obtained 
with the arrangement described above, it is found in practice that considerable difficulties arise 
in the accurate photometric analysis of the record. Thus, few attempts have been made to use 
this arrangement for determining the density. A more promising method for quantitative use is 
of the type usually attributed to RonchilZ5 in which the deflection of the beam of light is effectively 
measured directly by observing the image of a grid placed a little to one side of the focus of the 
second lens (Fig. 53) .  

2.13.2. The Divect-Shadow Method.-The direct-shadow or shadowgraph method121> lZ2 which is 
usually attributed to Dvorak requires simpler optical apparatus than either of the other two 
optical methods discussed here. It is admirably suited to the demonstration of compressibility 
phenomena (particularly to the visualization of shock-waves and wakes) and also for routine use 
in high-speed tunnel work in conjunction with other observations. Of the three methods dis- 
cussed, it is, however, the least amenable to the numerical determination of the variation of 
density in the flow field. 

In its simplest €orm the method consists of a light source S on one side of the tunnel, and a 
screen Q on the other (see Fig. 54). This type of set-up, which is characterised by the use of 
divergent light, has been extensively used on ballistic ranges for the photography of the flow 
pattern round projectiles and for this purpose a spark discharge is employed as the light source. 
For the visualization of the flow round a two-dimensional body placed between the glass walls of 
the tunnel, however, a more satisfactory arrangement is obtained by collimating the light from 
the source into a parallel beam before passage through the working section. For this purpose a 
suitable lens or mirror may be used, and the best results are obtained with a point-light source. 

The physical process by which a deflection of the light is caused by the presence of the 
disturbance is outlined in section 2.13, but in order to understand the mechanism of the action 
of the direct-shadow method it is necessary to consider the conditions within the disturbance in 
rather more detail. Referring to Fig. 55 let AB and CD be the undisturbed paths of two adjacent 
rays. Upon the introduction of the disturbance, the rays will be deflected, and if the refractive 
index gradient a q x  is constant (i.e., a2n/8x2 = 0) the deflected rays will remain parallel as 
shown in Fig. 55(n). If however, azlz/2x2 is positive, the rays will be deflected as shown in 
Fig. 55(b),  and will diverge, and if a2n/ax2 is negative the deflected rays will converge as 
shown in Fig. 55(c). 

Thus, for example, Fig. 56 shows the variation of the density and its first and second derivatives 
through a shock-wave. At the front of the shoclr-wave 82n/6x2 is positive and the rays will 
diverge giving a region of decreased intensity at the screen, and at the rear of the shock-wave the 
rays will converge and increase the intensity of illumination. Thus direct-shadow records of 
shock-waves are characterised by two bands, one dark and the other light, of which the dark 
band always indicates the front (low pressure) side. This phenomenon is illustrated by Fig. 57. 
The direct-shadow method will only indicate regions oi the flow in which the second derivative of 
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the density is finite. Thus, whilst the method is particularly suitable for shock-wave observations 
in which the change of this derivative is large, it is unsuitable for the visualization of regions of 
expansion in which the density changes are usually gradual. 

From general considerations or from equation (70) below, the sensitivity of the system will 
increase as the distance of the screen or photographic plate from the tunnel is increased. Since, 
however, even in two-dimensional flow the density will not be free from small fluctuations 
across the tunnel and since the source is never a true point it is found that the definition of the 
image decreases as the distance from the tunnel is increased (see Fig. 58) and that, in practice, 
the distance of the screen from the tunnel should not exceed one tunnel width. In particular, if 
an attempt is made to use a camera to focus on the median plane of the disturbance (i.e., the 
distance of the screen from the disturbance is zero), it will be very difficult to obtain any image 
at  all. Thus it follows that the image size will be approximately that of the flow field to be 
observed, and in certain cases this may introduce difficulties in obtaining adequate illumination. 

It may be shownIz1 that the change of illumination produced by the introduction of the 
disturbance is given approximately by 

. .  . .  . . (70) 

from which it seems, subject to  the loss of definition discussed above, the sensitivity increases as 
the distance I of the screen from the disturbance is increased. 

2.13.3. Notes 0% the Ofitical Co.Y.vzpo%zents.-For a schlieren set-up, the parallel light beam and the 
image of the source may be produced either by a lens or mirror system. The required quality of 
these optical components is high and, in general, for a given diameter and focal length a mirror 
will be less expensive than a lens. Indeed, for large diameters it is very difficult to obtain satis- 
factory lenses, and mirrors are almost invariably used. With a mirror, only a single glass surface 
must be figured, and the internal quality of the glass is unimportant; chromatic aberration is 
eliminated, and the amount of light absorbed is reduced. 

Suitable mirrors are formed by coating the surface of a figured glass plate with a thin deposit of 
some metal {e.g., aluminium, which is applied by a sputtering process). The required surface 
geometry of the mirror depends on the optical arrangement which is used. In most cases a para- 
bolic mirror is strictly necessary in order to avoid spherical aberration, but if the focal length is 
large, the differences between a parabolic and spherical shape become small and the latter may 
be tolerable. 

Referring to Fig. 59(a) it is, in general, necessary to place the source and cut-off outside the 
axis of the two mirrors in order to remove them from the field of the parallel light beam. 
Strictly, this implies that the mirrors should be figured off the axis, but, provided that the angles 
a and fl are small, axially figured mirrors may usually be employed successfully if the precautions 
discussed below are taken to minimise the aberrations introduced. 

With a line cut-off the greatest sensitivity is obtained with a line source of uniform brightness 
placed parallel to the cut-off and normal to the direction of the density gradient which is to be 
observed. A uniform sensitivity to density gradients in all directions normal to the optical axis 
may, however, be obtained by the use of a point source and circular cut-off, and in certain cases 
this arrangement may be preferable. 

Certain types of lamp give an effectively linear source directly, but such a source may be formed 
with almost any lamp by using a condenser t o  illuminate a slit or the edge of a small mirror. For 
continuous observation certain workers have recommended a high-pressure mercury-vapour lamp 
of 1,000 watts as the light source. This lamp (Mazda type B-H6) gives an effectively linear source 
(1 X 25 mm), and may be operated either continuously or flashed to give exposures of the order 
of 4 microseconds for photography. At the N.P.L. a mercury-vapour lamp of 250 watts (Mazda 
Box Type ME) has been used to illuminate a slit for continuous observations, and replaced by 
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a spark gap for photography. The arrangement of the spark gap is shown in Fig. 60 and with 
this it is possible to obtain exposures of less than 1 microsecond. Care must be taken to ensure 
that only a single spark is discharged at each make and break of the induction coil primary 
circuit. Multiple sparks may be detected either by their noise, or by the observation of some 
rapidly moving object placed in the light field. They may be eliminated by adjusting the length 
of the spark gap, the input voltage to the primary and by providing a small flow of dry air through 
the discharge tube to remove moisture and ionised gases from previous discharges. 

It is essential that the whole of the optical system should be carried on rigid supports insulated 
from vibrations introduced by the tunnel and its compressors. Adequate provision should be 
made for the necessary optical adjustments, wherever possible by the me of micrometer screws. 

Here the 
source is supported on the optical axis in the shadow of the aerofoil model and its supporting 
bracket. The first mirror has a diameter of some 28 cm and a focal length of about 100 cm, and 
the second mirror a diameter of 35 cm and a focal length of 350 cm. Whilst the short focal length 
of the first mirror is necessitated by the limited space around the tunnel, the high magnification 
of the source imace moduced and the increased Dowers of light collection are valuable features of 

At the N.P.L. the arrangement shown in Fig. 59(b) is used on the 20 x 8-in. tunnel. 

the arrangement ." Typical photographs obtainid with this"arrangement are given in Figs. 50 to 
53 of Part II1153. 

For direct-shadow work a point source is desirable. This may, for continuous observation, be 
For photography the 

The parallel light beam may be produced either by a 
formed by illuminating an iris by a condenser and mercury-vapour lamp. 
spark gap shown in Fig. 60 may be used. 
lens or mirror but the required quality is lower than for schlieren work. 

2.13.4. Notes on the Arrai4gement of the Optical System.-In setting up the schlieren apparatus, 
the following points should be remembered. The angles a and p of Fig. 59(a) should be as small 
as possible and also of opposite sign so that the source and cut-off are on opposite sides of the axis 
of the two mirrors. The former precaution minimises the effects of astigmatism and the latter 
those of coma. It is also desirable to arrange the apparatus so that astigmatism distorts the 
image only in a direction parallel to the source and cut-off edge. This may be achieved by placing 
the optical axis SOO'I in a horizontal plane when the source and cut-off are horizontal, and in a 
vertical plane when they are vertical. In particular, systems in which SO is in a vertical plane 
and 0'1 in a horizontal plane (or vice versa) are to be avoided. The distance 00' between the 
two mirrors should in general be a minimum as all disturbances between them, whether in 
the wind tunnel or not, may appear on the screen. 

The source must be located accurately at  the focus of the mirror 0, and this may be achieved 
either by reflecting an image of the source back on to a screen held close to the source (by placing 
a plane mirror between the two concave mirrors), or by measurements of the diameter of the 
beam 00' at different positions along its length. Similai-ly, the cut-off must be located at the 
focus of the mirror 0' by adjusting the position of the cut-off along 0'1 until the image on 
the screen darkens uniformly as the cut-off is moved across the image of the source. 

It is also necessary to ensure that the axis of the mirrors is parallel to the aerofoil span, and 
this may be done by sighting along the trailing edge by eye or with a cathetometer on to the image 
of the source in the mirror 0, or on to some other suitably illuminated object placed at  the position 
of the source. 

The above procedure may be readily adapted to the setting up of a schlieren system employing 
lenses instead of mirrors, and to direct-shadow systems. With lens-schlieren systems, the flare 
spots, observed on looking through the system from a direction a little above or to one side of the 
optical axis, may be used as a very convenient aid to the alignment. 

A good bibliography of papers relevant to the optical design and adjustment of schlieren and 
shadowgraph systems is given in Ref. 126. 

, 
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2.13.5. Glass fov Wi;tzd-Tun;tzeZ Walls.-If any form of optical method is to be attempted it is 
necessary that the walls of the wind tunnel should be transparent. Glass walls are usually used 
for this purpose since most alternatives (e.g., ‘ Perspex ’) distort too much under load or are too soft 
to avoid being scratched during use. Figs. 61 and 62 show direct-shadow and schlieren photo- 
graphs of a sheet of ‘ Perspex ’. Apart from the surface. irregularities visible in the schlieren 
photograph the optical qualities of the sheet appear to be comparatively good. 

The most common faults which have been found in glass walls are : 
(a) Internal striations (ream). 
(b) Small surface blemishes. 
(c) Large-scale surface irregularities, waviness, etc. 

Of these it seems that (a) is due to lack of homogeneity of the molten glass before rolling and 
arises from the lack of adequate stirring of the melt. Faults (b) and (c) may be eliminated by 
adequate surface grinding and polishing. 

Figs. 63 and 64 show direct-shadow and schlieren photographs of a typical sample of 1/8-in. 
window glass. In Fig. 64(b) the schlieren 
arrangement has been adjusted to indicate the surface waves whose crests appear to run obliquely 
across the photograph. Figs. 65 and 66 show schlieren photographs of a piece of I$-in. plate glass 
supplied for use as a wind-tunnel wall. Fig. 67 shows a direct-shadow photograph of the same 
glass sheet. Fig. 6s  shows a direct-shadow photograph of a 1-in. sheet of selected plate glass 
which is almost free from internal striations. Small surface faults are visible in this photograph. 
Fig. 69 shows two schlieren photographs of the same glass sheet taken with the same schlieren 
set-up. In the second photograph the glass has been rotated through 180 deg from its original 
position. The difference in the illumination of the two photographs indicates that the glass is 
wedge-shaped (i.e.,  that the two glass-air surfaces are not parallel). This effect would not be 
serious in practice, since the schlieren arrangement could be adjusted as a compensation. 

Figs. 70 and 71 show direct-shadow and schlieren photographs of 3/4-in. plate glass made as 
a special melt in which the molten glass was carefuLly stirred. Glass prepared by this method 
appears to be suitable for direct-shadow and schlieren photography and is used at  present for the 
walls of the 20 x 8-in. tunnel at  the N.P.L. It is not known whether the internal uniformity of 
this glass is adequate for use with the interferometer. With this instrument a considerably 
greater degree of accuracy of the surface finish will be required if elaborate corrections to the 
photographic records are to be avoided. Thus, it appears that the surfaces must be plane and 
parallel to within about 1/3 of the wavelength of the light to be used. 

The ream or internal striations are clearly visible. 

2.13.6. Geneva1 Remarks o n  the Use  of Optical Methods at the N.P.L.-The direct-shadow and 
schlieren arrangements alone have been used, the des’ign of each optical arrangement being 
determined largely by the characteristics of the available optical components, and the available 
space in the tunnel room. The principal items of optical equipment which have been available 
for use at  the N.P.L. consist of: 

One Zeiss Jena Triplet* lens 1 : 5, f = 70 cm, about 4i-in. diameter. 
One Goerz Dogma* lens 1 : 7, f = 125 cm, about 6-in. diameter. 
Two spherical mirrors . . f = 3 ft, 12-in. diameter. 

Recently these have been supplemented by two Zeiss spherical mirrors with f = 350 cm and of 
14-in. diameter. The two lenses have been used in a lens forin of the direct-shadow and schlieren 

* These lenses which are designed for photographic purposes are probably not the most suitable for schlieren or 
It is probable that a simple doublet direct-shadow work in which the objects to be observed are not far off the axis. 

may be preferable. 
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arrangement on both the 5 x 2-in. and 20 x 8-in. tunnels. The mirrors have been used to form 
a schlieren set-up on the 20 x 8-in. tunnel. Optical benches have been constructed for the 
5 X 2-in. tunnel and 20 x $-in. tunnel. 

It is usual to observe the shock-waves on the aerofoil surfaces as a routine part of a test in the 
20 x $-in. tunnel, and a direct-shadow system is commonly employed for this purpose. The 
1-ft diameter tunnel is not suitable for optical work because of the shape of its cross-section. A 
cylindrical Perspex working section has, however, been used to replace the balance section for flow 
visualization using the direct-shadow method with divergent light. Whilst the section acts as 
a cylindrical lens, and the Perspex has poor optical qualities, this method has proved of value in 
certain experiments. The schlieren arrangement has been used on a number of small tunnels 
(about 2-in. square) to observe, in particular the interaction of shock-waves and boundary layers, 
and the effects of the condensation of humidity. 

2.13.7. The Interferometer Method.-This method has not been used in the. Aerodynamics 
Division and will not, therefore, be described. Of the available optical systems, however, it 
appears to  be the most promising for thequantitative analysis of the density field and in 
Germ;iny82, 127,128,120 an instrument of the Mach-Zehnder type has been used with some success for 
this purpose. 

2.14. Measurewent of Wave Angles.-By the use of either the schlieren or the direct-shadow 
method it is possible to obtain photographs of the flow round an obstacle in a supersonic flow 
from which the geometry of the shock-wave pattern may be measured. An application of this 
method is the introduction of a wedge or a cone of known shape into the flow for the purpose of 
observing and measuring the angle of the bow-wave and hence deducing the Mach number. The 
apex angle of the wedge or cone is chosen to give an attached b~w-wave~~"  of sufficient intensity 
to be readily visible on the optical system. A few measurements of this type have been made 
in the 5 x 2-in. tunnel at a Mach number of 1.4. The scale of the experiment did not, however, 
permit a detailed exploration of the flow to be made, and the observations were made at  one point 
in the flow only and were used to find the free-stream Mach number. 

An analogous method has been used in Germany for the correction of the.shape of a supersonic 
nozzle. Here small transverse grooves were cut in the walls so that weak disturbances were put 
into the flow. The nozzle shape was then adjusted until these wavelets were parallel at the end 
of the nozzle. 

2.15. Attempts to  Visualize Streawdines.-Work has been done in the 5 x 2-in. tunnel in an 
attempt to visualize the filament lines of the supersonic flow round a 1-in. chord double-wedge 
aerofoil (6 per cent thick). The injection of streams of carbon dioxide and smoke into the air- 
stream from small orifices upstream of the model was tried, but, on the scale of the experiment, 
it was not found possible to obtain a s.ufficiently thin filament. The most successful method 
involved the use of a row of 0.OOS-in. diameter unheated wires at about 0.3-in. intervals across the 
tunnel upstream of the model. The wakes from these widened very little downstream and the 
refractive index gradient was sufficient to give an indication on a schlieren apparatus. It was 
not possible because of the small scale of the experiment to use wires of sufficiently small relative 
diameter, and the wakes in this experiment were rather broad. It appeared, however, that the 
method might be used successfully on a larger scale. Experiments using heated wires have been 
made under Ackeret in the Zurich high-speed tunnel. This method seems to give excellent 
results as judged by photographs taken by the schlieren method. 

A photograph of the supersonic flow past a double-wedge aerofoil taken in the 5 x 2-in. tunnel 
at  the N.P.L. using the unheated wire grid is shown in Fig. 72. 

2.16. Methods of Indicating Transition Position.-Measurements, particularly those of profile 
drag, in the N.P.L. high-speed tunnels have at  times been inconsistent. The influence of the 
condensation of atmospheric humidity has now been largely eliminated by the use of return ducts, 
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and inconsistencies are attributed to variations of the airstream turbulence. Below the free- 
stream Mach number at  which the drag rises sharply, such inconsistencies will be due largely to 
variations of the transition positions on the aerofoil surfaces. In order to  correlate drag measure- 
ments in particular, therefore, and to give general information on movements of the transition 
position with variations of the free-stream Mach number, it is necessary to  have some method of 
indicating the transition position. This is more desirable than the use of a fixed transition posi- 
tion, since it has been found difficult to devise a method of fixing the transition without giving 
rise to shock-waves when the Mach number approaches its critical value. 

Deposits of atmospheric dust and oil from the compressors have from time to time been 
observed on aerofoil models behind a spanwise line which has been assumed to indicate the position 
of transition. This assumption is justified by the formation of similar deposits indicating the 
spread of turbulence behind irregularities near the leading edge of the aerofoil, such deposits 
taking the form of the familiar cusp-shaped surfaces. The occurrence of such deposits is, 
however, somewhat random, and more reliable methods have been developed4'j. These methods 
are, however, rather difficult to apply to routine tunnel tests largely because of the difficulty of 
access to the model. The most successful method which has been used is an adaptation of the 
' china clay ' method originally described in R. & M. 2126154. This has been used with the 5-in. 
chord models of the 20 x 8-in. tunnel and depends on the differential rates of evaporation from 
the surface of the model in the laminar and turbulent regions of'the boundary layer. The surface 
is coated with a layer of a colourless solid of fine crystalline structure (china clay) appearing 
white when dry, which is then covered with a volatile oil of approximately the same refractive 
index (iso-safrole) so that the solid layer becomes virtually transparent. As the oil is evaporated 
during the tunnel run the white appearance of the dry solid is once more seen, and evaporation 
being more rapid in the turbulent than in the laminar region of the boundary layer, a white layer 
appears on the aerofoil surface aft of the transition point. Results obtained with this method of 
transition indication are discussed in R. & M. 207975, and in Part I11 of this reportz6. 

2.17. Methods foy FixiNg TYnnsition.-The usual method for fixing the position of transition 
from laminar to turbulent flow in the boundary layer of an aerofoil at low speeds is either by a 
fine spanwise wire or by a narrow band of roughness in the form of fine particles attached to the 
surface. In the N.P.L. high-speed tunnels attempts have been made by Pearcey to fix transition 
by means of spanwise wires and and the use of a band of roughness has been tried 
by Fowler (unreported). The problem of transition fixing at  high speeds is discussed by Fage 
and Sargent in R. & M. 210679, in which a new method, particularly suited to high-speed work, 
is described. The criterion for transition to occur close behind a wire is ~ , ~ J z / v  -h 400, where Jz is 
the diameter of the wire, aJ2 the velocity in the boundary layer, without the wire, at distance h 
from the surface, and v is the kinematic viscosity. The Pohlhausen solution of the laminar 
boundary layer equations is ul2 = Jzuu,2/v, where U ,  is the frictional velocity ( ~ ~ / p ) l / ~ ,  and zo is the 
surface shearing stress. 

A similar criterion for transition behind a narrow rough strip may be written u,h/v = k ,  where 
h is now the average height of the excrescences forming the roughness, and k is a constant for an 
assigned form of roughness. The value of k must be determined experimentally but for roughness 
caused by sand or carborundum particles it will be greater than 5.5, the value for which the 
roughness just begins to increase the resistance to flow. 

For a laininar boundary layer, the Pohlhausen theory gives U,X/V GC ( z . ~ , x / v ) ~ / ~ ,  where x is the 
distance from the leading edge of the aerofoil and u1, is the velocity just outside the boundary layer. 
The transition criterion u,h/v = k can, therefore, be written h/xcc (U,X/V)-~/~. 

If the wire or roughness size selected is just adequate to cause transitionat the lowest test speed, 
the value of h and, therefore, the disturbances created at a higher speed, will be greater than the 
optimum. The diameter of the wire or the height of the excrescences should, therefore, be 
progressively decreased with an increase of speed. 
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A more serious disadvantage of the use of either a wire or band of roughness at high speeds is 
that the increase of velocity close to the excrescence may cause a shock-wave. This was borne 
out in the experiments reported in R. & M. 2252133~134, and in Fowler's unreported experiments 
with a band of roughness. If this occurs it is usually found that the rise of drag coefficient 
associated with the formation of shock-waves on the aerofoil surface occurs earlier when the 
excrescence is present than when it is not present. 

This shortcoming was overcome in the method developed by Fage and Sargent and described 
in R. & M. 210679. The method consisted of injecting minute air jets into the boundary layer 
from a spanwise row of small surface holes. A great advantage of the method is that the rate of 
air injection can be adjusted at each test speed to give the minimum disturbance necessary to 
fix transition. It is found that this minimum rate of air injection is so small that a local shock- 
wave is not formed at  even the highest test speeds. It is suggested in R. & M. 210679 that, owing 
to the local acceleration of the flow, the formation of wavelets just outside a transition region is 
inevitable at  a sufficiently high speed, even when transition occurs naturally. 

In R. & M. 2252133, Pearcey describes tests with wires of 0-  006-in. diameter on a 5-in. chord model 
of NACA 2218 section in the 20 x 8-in. tunnel at  Reynolds numbers varying from 1.0 x 106 to 
1.8 x 106 and Mach numbers from 0.35 to 0.8. It is concluded, for the reasons given above, 
that the use of wires is not suitable for transition fixing at  high Mach numbers. Further tests by 
Pearcey with wires of the same diameter attached to an aerofoil of EC 1250 section and Win. chord 
are described in R. & M. 2252134. The Reynolds number range in these experiments was 1 x 106 
to 4 x 1Q6 and the Mach number range 0.15 to 0.68. At these Reynolds numbers it appeared 
that the performance of a wire was more satisfactory. 

The attempted use of grooves of the forms sketched in Fig. 73(b) on a 2-in. chord model of 
NACA 2417 section in the 1-ft diameter tunnel to fix transition is described in R. & M. 2252133. 
It appeared that such grooves were quite ineffective. 

After some preliminary experiments in a low-speed tunnel of 8 x 3-in. section in which air was 
injected from small surface holes into the boundary layer of one tunnel wall, and in which two 
different hole diameters were tested, Fage and Sargent applied their method of transition fixing 
to a 12-in. chord model of EC 1250 section placed in the 20 x 8-in. tunnel. The air was injected 
from two rows of 53 holes spaced at  0 075 in. across the middle 4 in. of the upper and lower surfaces 
of the 8-in. span. The hole diameter was 0.0135 in. and the holes were arranged in spanwise lines 
0.15 chord from the leading edge. Pitot-traverse measurements of profile drag were made at  
0 deg incidence with and without air injection over a range of Mach numbers from 0.575 to 0.784. 

It was found that the value of the profile-drag coefficient rose rapidly at  all Mach numbers 
tested with increase of the ratio from zero, but that the drag coefficient reached a constant value 
for m/m, = 0.015, above which further increase of this quantity did not influence the drag. In 
this expression wz is the mass of air injected into the boundary layer per unit span per second, and 
m, is the mass of air flowing in the laminar boundary layer per unit span per second. 

Observations of the flow pattern by a direct-shadow method indicated that for Mach numbers 
up to the highest used there was no disturbance of the flow just outside the boundary layer near 
the holes provided that 'y1z was less than 0.04m,. At this value a weak shock-wave extending 
about 0.2 in. from the surface appeared. It was concluded that the method of transition fixing 
could be used satisfactorily at  high Mach numbers. 

The influence of air injection (at the optimum rate) on the drag coefficient of the aerofoil is 
illustrated in Fig. 73(c). This figure indicates the importance of avoiding leakage of air into the 
boundary layer of an aerofoil in practice, and since leakage of air from the boundary layer into the 
aerofoil has a favourable tendency, it was stressedin R. & M. 210679 that if leakage was unavoidable 
provision should be made for the maintenance of a pressure within an aircraft wing below the 
external pressure. 
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2.18. The Measurement of Stagnation Temperature.-The measurement of the stagnation 
temperature of a high-speed airstream is important in problems involving heat release either by 
combustion or the condensation of moisture, for assessing the surface temperature of a model 
placed in the airstream, and for checking one of the fundamental theoretical assumptions on 
which the wake-traverse method of profile-drag measurement is based. The accurate measure- 
ment of this quantity is complicated by heat losses to the surrounding air by conduction, 
convection and radiation, and by conduction losses through the measuring instrument itself. 

Bulb-type thermometers and thermo-junctions have been used for this purpose, but the 
latter have many advantages, the most obvious being facility of remote reading. The essential 
feature of a ' pitot thermocouple ' is a thermo-junction mounted in the head of a pitot-tube. An 
instrument of this type can, however, give erratic and incorrect readings if badly designed. 

On the basis of experience at the N.P.L. and elsewhere the principal design requirements for 
a successful instrument appear to be: 

(a) To ensure a sufficient heat transfer from the air that is being dammed at  the mouth of 

(i) The measuring body is placed in a region of low velocity rather than a stagnation 

(ii) The measuring body is constructed of sinall dimensions and low heat capacity. 

the pitot-tube to the measuring body (thermo-junction or thermometer bulb). 

region by ' ventilating ', or allowing a small flow to take place through the pitot-tube. 

(b) To guard against conduction, convection and radiation losses from the air in the stagna- 

(i) The pitot-tube and support, and the wires of the thermo-junction are made of 

(ii) The thermo-junction is made with small surface area. 

tion, or low velocity, region, to regions of lower temperature. 

materials of low thermal conductivity. 

(iii) Adequate screening is provided to minimize radiation and convection losses. 
It appears that a ' pitot thermozounle ' of the Franz type135, 136 is the most reliable instrument 
so far developed. The instrument ?s sketched in Fig. 74(b) ,  and consists of a thermo-junction 
mounted at  the downstream end of a diffuser the entry to which is the mouth of the pitot-tube. 
A small airflow is allowed to take place through the instrument by small vents downstream of 
the thermo-junction. The calibration curve reproduced in Fig. 74(c) from Ref. 136 indicates 
that the instrument measures the stagnation temperature to a high degree of accuracy. The 
instrument which has been used at  the N.P.L. is of the same type but omits the diffuser. This 
instrument is sketched in Fig. 74(a) and calibration curves obtained in the l-ft diameter tunnel 
at the N.P.L: are given in Fig. 74(d). The effect of a variation of the size of the ventilating hole 
downstream of the thermo-junctionis indicated in Fig. 74(e). With a hole diameter of 0-  03 in. the 
reading of the instrument is sensibly independent of airspeed although the flow velocity past the 
thermo-junction is higher than in the Franz-type instrument. An inspection of Fig. 74(e) indicates 
that the N.P.L. type instrument is less satisfactory than an instrument of the Franz type, and 
it is recommended that the latter type be used in preference to the former. The potential difference 
across the N.P.L. thermocouple was measured with a vernier potentiometer, reading to one 
microvolt (i.e., to 1/53 deg C for the thermo-junction used). 

2.18.1. Measurements of Stagnation Temeevature in the Wake  of an Aerofoil.-The variation of the 
stagnation temperature across the wake of a %in. chord brass model of NACA 0020 section at zero 
incidence has been measured in the l-ft diameter tunnel over a range of Mach number. Typical 
results are plotted in Fig. 75 from which it can be seen that the stagnation temperature at  the 
centre of the wake is less than that outside the wake, and that the stagnation temperature at  the 
edges of the wake is greater than this reference value. The variations of stagnation temperature 
are, however, so small that they will not cause appreciable errors in the calculation of the profile 
drag coefficient by the method described in R. & M. 1971 69 and based on the assumption of constant 
total energy (i.e., constant stagnation temperature). 
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Fig. 76 compares the stagnation temperature and C,’ variations across the wake. At low Mach 
numbers it is found that the widths of the regions over which the stagnation temperature and 
CD’ (and, therefore, loss of total head) vary, agree well. At higher Mach numbers, however, 
the width of the CD’ wake begins to exceed the stagnation temperature wake. The sideways 
extension of the CD’ curve is largely due to the loss of total head through the shock-wave, and, 
since theoretically the stagnation temperature does not vary through a shock-wave, the observed 
phenomenon is not unexpected. 

2.19. The Measurei?zent of Suvfuce Tew@evntuve.-The temperature distribution over the surface 
of a 2-in. chord model of NACA 0020 section was measured in the 1-ft diameter tunnel in an 
attempt to provide an experimental comparison with Squire’s theory, and evidence of the influence 
of shock-waves on the temperature. A description of the results obtained in this experiment is 
given in R. & M. 223036. 

The aerofoil was constructed of Tufnol as it was essential that the model should be a poor 
conductor. Fourteen iron-constanton thermo-junctions were spot welded, flush with the aerofoil 
surface, and the leads were carried out through channels in the interior of the model. In an 
original model the junctions were staggered across the aerofoil span, but it was found that a slight 
swirl of the flow which was, at the time, present in the tunnel made this arrangement unsuitable, 
and it was abandoned in favour of an arrangement of the thermo-junctions in one chordwise line. 
A sketch of the model in its final form is given in Fig. 77. The junctions were all situated in one 
surface, and the aerofoil being symmetrical,. the temperatures on the upper and lower surfaces 
were found by reversing the incidence. The exact local wind direction in the tunnel was found 
by a yawmeter traverse. A reference thermo-junction was placed in the intake of the tunnel, 
and the potential differences between this junction and each of the aerofoil junctions were 
measured on a Tinsley vernier potentiometer reading to one microvolt. A dust-proof selector 
switch with silver contacts designed by Mr. Hickman of the Physics Division, N.P.L., enabled 
any one of the fourteen thermo-junctions to be selected at will. The calibration factor for the 
iron-constanton thermo-j unctions was 53 microvolts per deg C temperature difference. 

The measurements were expressed in terms of a coefficient CO defined by: 
AT c, = 1 .  

TIS - T ’  . .  . .  . .  . .  
where A T is the increase of surface temperature over free-stream static temperature, and T is 
the free-stream static temperature. TH is the stagnation temperature which is equal to the 
temperature of the air at rest in the tunnel intake. The value of T can be calculated if the Mach 
number and intake temperature are known, so that A T and the value of C, can be deduced from 
a knowledge of these quantities and the measured temperature difference between the model 
surface and tunnel intake. 

The experimental results were confused by the condensation of atmospheric moisture at the 
higher Mach numbers. This was found to be of considerable importance, and could not be 
avoided since the tunnel was not fitted with returnducts at  the time of the experiment. The 
experiment also indicated that a larger test model would be desirable, and that ‘ Ebonite ’ would 
be a more suitable material than ‘ Tufnol ’ because of the lower thermal conductivity. 

The electrical circuit (Fig. 78) has the advantage that a direct reading of the temperature 
difference between the aerofoil surface and tunnel intake is obtained and a suggested modification 
using a water bath is indicated in Fig. 79. It is also felt that a copper or nickel-constantan 
junction would be preferable to an iron-constantan junction because of the tendency of the latter 
to rust. The nickel junction has the advantage of a lower thermal conductivity than either the 
iron or copper junctions. 

2.20. Measurement of Induciizg-Aiv S~.@ply to Tunnels.-The inducing-air supply to the N.P.L. 
induction-type high-speed tunnels has been measured on numerous occasions in connection with 
measurements of efficiency. These measurements were normally made by a standard Hodgson 
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orifice plate placed in the supply pipe. For measurements of the inducing-air supply to the 
larger tunnels, orifices of either 1 ,2  or 3-in. diameters were placed in one of the 4 l/S-in. diameter 
mains connecting to the storage reservoirs. For measurements with model tunnels orifices of 
diameter varying from 1/8 to 5/8 in.. were placed in a 7/8-in. diameter supply main. The differential 
heads over these orifices were measured by the high-pressure mercury manometer shown in Fig. 80 
which also permitted the pressure upstream of the orifice to be measured. A similar method of 
flow measurement has also been used to measure the delivery of the compressors in routine trials. 

2.2 1. Supersofiic Nozzle Desigfi.-The one-dimensional theory (sometimes called the hydraulic 
theory) of compressible flow indicates that in order to achieve a supersonic velocity in a continuous 
channel it is necessary to contract the cross-sectional area to a throat at  which the velocity is 
equal to the critical sonic value, and then expand t o  produce further acceleration to a supersonic 
velocity. Applying this theory to the design of a wind-tunnel nozzle, and assuming that the 
acceleration is isentropic and the velocity components normal to the axis are negligible, a relation 
is obtained between the working-section Mach number M and the ratio of working-section area A 
to the throat area A* 

or with y = 1.40 

. .  .. 

. . (72) 

. .  .. (73) 

In practice, however, the assumption of one-dimensional flow is not valid, and whilst equations 
(72), (73), will still give the required overall nozzle-area ratio with moderate accuracy, methods 
must be obtained for the design of the nozzle on the basis of two-dimensional flow. 

Methods for the conversion of a given shock-free supersonic flow to a second shock-free flow at 
a different supersonic Mach number have been given by B ~ s e m a n n l ~ ~  and o t h e r ~ ~ ~ ~ ~  14'. Most of 
these methods are based on the method of graphical characteristics, but Atkin141 has given an 
analytical method based on the original method of Busemann. In particular, it is possible by the 
use of these methods t o  design a channel which will give a final uniform shock-free supersonic flow 
from a given initial supersonic distribution. The problem of supersonic nozzle design is, there- 
fore, t o  some extent reduced to that of determining the velocity distribution at, or a little down- 
stream of, the throat. The conditions at the throat of a nozzle have been examined by Taylor3', 
Hooker31, GOrt le~l~~,  Sauer3', Atkin141 and others. Measurements by S t a n t ~ n l ~ ~  have shown 
excellent agreement with the calculations of Hooker31 for a three-dimensional nozzle (based on 
Taylor's original calculations for the two-dimensional case3'). At present, however, there is 
insufficient experimental evidence to determine which of these methods is the most reliable. 

Certain methods*143, 132 have also been given for a nozzle design based on the assumption of a 
plane sonic line at  the throat. Such methods are rather simpler to use than any of the methods 
discussed above since they involve centered expansions (Prandtl-Meyer) alone. In  general, the 
shortest possible nozzle for a given final Mach number is obtained by using this assumption and 
a sudden expansion at the throat. Other nozzle shapes are, however, readily obtained by using 
the geometry of any streamline of the flow. An approximate method of nozzle design has been 
suggested by Bailey and Wood. Lighthil1146 has recently given a method for the analytical design 
of nozzles including that of the subsonic region and throat. This method is based upon the 
hodograph transformation. 

All the methods of nozzle design discussed above ignore the boundary layers of the nozzle walls. 
In practice, it is necessary to  displace the nozzle walls by a distance equal t o  the displacement 
thickness of the boundary layer. This displacement is usually applied as a small correction to  

* A method of this type was suggested by Sargent at the N.P.L. in 1945 and has been used in the design of a number 
of nozzles. 
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the nozzle ordinates obtained by the potential-flow design. In the past, the rate of growth of 
displacement thickness has been determined on the basis of experiment and has usually been assumed 
to beconstant over the length of the nozzle. In practice, with a rectangular orsquare tunnel it is very 
inconvenient and in some cases impracticable to apply a taper to the two side walls for boundary- 
layer growth. Thus, for example, it is desirable that the two glass side walls of the working 
section should be parallel if flow visualization is to be attempted. In general, therefore, it is 
usual to allow for the boundary-layer growth, on all four tunnel walls, by a displacement of two 
of the walls alone sufficient to maintain the cross-sectional area constant at the value assumed in 
the calculation of the nozzle shape. At the W.V.A.132 at Kochel, Germany, an allowance of from 
0.004 to 0.012in. per in. was given on each of the two nozzle walls for boundary-layer growth (the 
boundary-layer thickness being taken as zero at  the throat). Puckett14' gives corresponding values 
of from 0.007 to O.010in. per in. for Mach numbers of from 1.5 to 2.5 and Reynolds numbers 
(based on working section height) of from 5 x 105 to 5 x 106. These values all apply to tunnels 
with square working sections and correspond to a rate of growth of displacement thickness of from 
0.002 to 0.006 in. per in. Values of this order have also been deduced from measurements at the 
N.P.L. It is sometimes the practice to calculate the rate of growth of displacement thickness 
from the methods which are now availablel4'> 150, 151 rather than to rely upon experimental values. 

A method has been developed in Germany132 for the experimental correction of a nozzle design 
for errors arising, for example, from the use of an erroneous boundary-layer allowance. This 
method involves the observation by a schlieren method of wavelets introduced into the flow by 
small transverse grooves in the nozzle profile. The nozzle geometry is, by this method, adjusted 
(by scraping) until the wavelets in the final supersonic flow are parallel. The material used for 
the nozzle construction was a plaster (monolith) which was found to  obviate the warping associated 
with wooden nozzles and the difficulty of machining metal nozzles. The use of this material 
also permitted adjustments to the shape to be made conveniently. 

At the N.P.L. the only tunnel which was available for supersonic operation was the original 
1-ft diameter tunnel. This was originally intended for subsonic operation alone, and the maximum 
length of the nozzle which was determined by the distance between the existing intake and working 
section, was therefore limited. A number of cylindrical nozzles were designed by Bailey and 
Woods14' approximate method to give Mach numbers of about 1 -2, 1 * 4 and 1 -6 .  In the tunnel's 
original form, the actual Mach number which was achieved varied with the humidity of the 
atmosphere due to the condensation of moisture in the tunnel, but now that a return duct has 
been fitted, consistent Mach numbers are obtained. More recently, a number of smaller super- 
sonic tunnels with square or rectangular working sections have been constructed. In most of 
these tunnels the nozzle design has been based upon the assumption of a plane sonic line. 

Mention should be made here of the use of multi-nozzle effusers in Germany during the war. 
Such effusers have the advantage of shortness and seemed to be particularly promising for 
application to large wind tunnels. Whilst, however, large-scale irregularities are absent in the 
supersonic stream, a large number of small-scale disturbances are present. that 
a considerable distance is required downstream of the nozzle before the wakes of the cells decay. 
Moreover, the power required to operate a tunnel with a nozzle of this type is considerably greater 
than that required for a tunnel with a conventional nozzle. 

It is 
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FIG. 2. General arrangement of Mach number gauge. 
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FIG. 3. Balance indicator, 

FIG. 4. Sketch of three-component balance-shaded area earthed 
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FIG. 5. Strain-gauge sting and gauge circuit for measurement of force normal to sting in plane of paper. 
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FIG. 6 .  Diagram of drag balance for three-dimensional bodies in 1-ft diameter tunnel. 
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FIG. 8. Steady flow of a compressible fluid past an aerofoil. 

Note : TT* represents the boundaries of the wake including that of any shock-waves present. , 
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FIG. 9. Pitot and static traversing gear. 
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FIG. 10. Profile drag coefficient of NACA 0020 aerofoil 
(2-in chord) at zero incidence by Pitot traverse at two 

distances down stream of trailing edge. 

I I I I I I I 
'02 03 0.4 05 0.6 07  0 8  

Mach Number 

ProFile Drag SoefFicient- OF Tapered Aerofoil  by Balance and 
P i t o t  Trayer5e. -.Zero Incidence- 

A I! 

P 
Plan d AeroFoil. Tunnul all Tunwl wall 

FIG. 12. Vapour pressure of oxygen and nitrogen and 
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FIG. 11. Profile drag coefficient of tapered aerofoil by 
balance and pitot traverse-zero incidence. 

, . _. .. .. ..,. ....... ... ., ,, . .. , , ... .. . ...., , ,.. ,.,, , .. , ... , , , .. ., . ,, . , , . . . . . . . . . . . . .. . . . ... . . . . .. .. 



FIG. 13. Variation of saturation vapour pressure of water vapour with temperature. 

FIG. 14. Measured pressure distributions along 2 x 2-in. supersonic tunnel with high and moderately low 
intake humidity, and sketch of observed wave pattern at relative humidity = 68 per cent. 
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FIG. 15. The influence of condensation upon the flow in a steam nozzle. 
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FIG. 16. Conditions for saturation at working section (water vapour over water). 
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p ,  Partial vapour pressure of water vapour. 
p ,  Saturation vapour pressure of water vapour. 
To Dry bulb temperature at intake. 
M Working section Mach number. 

1.3 

1 4 1  

M For 

RQI.\biva \sumiCliby (6/o\ & inkdka.. 

Conditioiis for 4, 6 and %fold saturation at working section (water vapour over water). FIG. 17(a). 
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FIG. 17(b). Conditions for 4, 6 and 8-fold saturation at working section (water vapour over ice). 
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FIG. 19. Sketch of N.P.L. induction-type wind 
tunnel installation. 

FIG. 18. Conditions for saturation and 4, 6 and 8-fold saturation at 
working section. 
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FIG. 23. Sketch of the drier installation on the 215-mm diameter subsonic tuiinel at Gottingen. 
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FIG. 26. Influence of humidity on profile-drag 
coefficient measured by wake-traverse method. 
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FIG. 27. Goldstein 1442/1547 aerofoil at 0 .5  deg incidence below shock-stall. 
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FIG. 28. Aerofoil EC 1250 at 0 deg incidence in 
20 x 8-in. high-speed tunnel. 
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FIG. 33. Streamlines and pressures about doublets, vortices and sources. 
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FIG. 34. Wall pressures and velocities with straight walls-aerofoil EC 1250. 5-in. chord at 2 deg. 
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FIG. 35. Change of pressure and velocity behind EC 1250, 5-in. chord, on straight walls (wake blockage effect ; 
increase of velocity at walls 1 .7c behind trailing edge). 
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FIG. 36. Change of pressure and velocity opposite EC 1250, 5-in. chord, on straight walls (blockage effect). 
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FIG. 37. Analysis. of blockage into doublet and source effects. 
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FIG. 38. lklerence of pressure and velocity opposite EC 1250, 5-in. chord, on straight walls (lift effect). 

FIG. 39. Lift from wall pressures (straight walls). 
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FIG. .41. Quarter-chord pitching-moment coefficients with straight 
and streamlined walls. 
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FIG. 40. Lift coefficients with straight and streamlined walls. 
10 per cent NACA propeller aerofoil. 
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FIG. 42. Profile drag coefficients with straight and streamlined walls. 
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Sketch of wave pattern from an aerofoil in a supersonic tunnel when the flow is everywhere supersonic. 
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FIG. 45. Variation of sensitivity of cylindrical yawmeter with 
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FIG. 44. FIG. 46. N.P.L. circular-cylinder yawmeter-sketch of head. 
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FIG. 47. Low-speed calibration curves for Y-yawmeter. Readings become 
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FIG. 48. Deflection of light in a density gradient. 
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FIG. 49. Sketch of schlieren arrangement. 

FIG. 50. Sketch of cut-off as seen from direction of optical axis. 
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FIG. 61. Direct-shadow photograph of &in. sheet of Perspex. 

. . _  r 

FIG. 63. Schlieren photograph of &in. sheet of ' Perspes '. 
showing surface waves. 
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FIG. 63. 
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(a) Schlieren photograph of g-in. sheet of window glass. 
Knife edge parallel to striations. 

FIG. 61. 

(b)  Sch!ieren photograph of :-in. sheet of window glass, 
showing surface waves. 
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FIG. 65. Schlieren photograph of I&in. sheet of pIate glass. 
Knife edge parallel to striations. 

FIG. 66. SchIieren photograph of I)-in. sheet of plate glass. 
Knife edge normal to striations. 
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FIG. 69. Schlieren photographs of 1 in. sheet of selected plate glass showing wedge-shaped nature. 
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FIG. 72. Attempt to visualize stream-tubes by wakes of unheated wires. 
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3.1. Introduction.-A considerable number of experiments of a systematic nature have been 
made at subsonic speeds in the lz-in, diameter tunnel on aerofoils supported on the electrical 
balance. These aerofoils usually had a 2-in. chord, and the Reynolds number range was of the 
order of 0.45 x 106 to 0.8 x 106. Most of the experiments were subject to the influence 
of the condensation of moisture, and the only correction applied for tunnel interference 
was an empirical correction for blockage. Thus, to some extent, the results of these 
experiments must be regarded as qualitative, although in several cases satisfactory quantitative 
agreement has been obtained with observations made under more precise conditions and at  higher 
Reynolds number in more modern tunnels. 

The 20 x 8-in. tunnel has been used almost solely for tests at subsonic speeds on aerofoils 
completely spanning the tunnel. The standard model chord of these tests has been 5 in., giving 
a Reynolds number range of from 1 x 106 to 1 - 9  x 106, and in the majority of cases the experi- 
ments have included measurements of the normal surface pressure distribution and wake traverses. 
Owing to the time which experiments of this type require, a comparatively small number of 
aerofoils have been tested, and these have not formed a systematic series. Systematic series of 
tests are now, however, in progress. 

Aerofoils fitted with moveable control surfaces have been tested in both the 12-in. diameter 
and 20 x 8-in. tunnels at subsonic speeds, the latter including surface pressure measurements. 
These experiments are to be continued with a modified control shape. 

Tests at  supersonic speeds have been carried out in the 12-in. diameter and 5 x 2-in. tunnels on 
a number of aerofoils including a series of round-nosed profiles. In the 12-in. diameter tunnel 
the measurements were made with the three component balance; in the 5 x 2-in. tunnel surface- 
pressure measurements and flow visualization were attempted successfully. A number of 
experiments at  supersonic speeds with aerofoils fitted with controls have been made in the 12-in. 
diameter tunnel. 

Many miscellaneous experiments have also been made both in these three tunnels, and also in 
smaller tunnels specially constructed for the purpose. 

It must be mentioned that the Reynolds numbers of the aerofoil tests described here are 
considerably below those of flight, although in certain cases, for example compressor blades, the 
discrepancy is not large. There is little information on the effects of Reynolds number on the 
flow round bodies of high Mach numbers but it is known that these effects may sometimes be 
considerable, particularly at transonic speeds where the flow depends essentially on the inter- 
action of shock-waves with the boundary layer. It is possible that some of the model tests in the 
N.P.L. high-speed tunnels are subject to the influence of laminar separation. This possibility 
should be borne in mind when comparing the results of observations made in the N.P.L. high-speed 
tunnels at  low Mach numbers with those made in low-speed tunnels at higher Reynolds numbers. 
Larger Reynolds numbers will be obtained at high Mach number in the new 18 Y 14-in. N.P.L. 
tunnel4’ which is designed to operate up to a stagnation pressure of three atmospheres (R up to 
about 7 x 

3.2. Experiments at Subsonic and Transonic Speeds.-3.2.1. The Flow Round an Aerofoil at 
High Subsofiic Mach Number.-It is well known that regions exist in the neighbourhood of an 
aerofoil in which the velocity exceeds that of the undisturbed airstream. At very low free-stream 
Mach numbers (less than about 0.3 for most aerofoils) the velocity at  all points in the flow field 
is sufficiently low to permit the compressibility of the air to be ignored. As the free-stream Mach 
number is increased, however, this is no longer possible. At first the influence of compressibility 
produces small changes in the low-speed pressure distribution (C,) similar to those predicted by 
the Glauert, von K&rmh-Tsein, or Temple relationships (see Refs. 156, 157, 158). With further 
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increase of free-stream Mach number, however, the peak velocity in the region of increased velocity 
close to the aerofoil surface exceeds the local speed of sound". The free-stream Mach number at 
which this first occurs is usually termed the critical Mach number. More recently, however, 
other critical criteria have been suggested, and this together with the possibility of confusion 
with the free-stream Mach numbers at which large changes in the force and moment coefficients 
occur, has led to the use of the term first or pressure critical for the critical Mach number defined 
above. 

Since at all Mach numbers the streamtubes of the flow round an aerofoil retain a convergent- 
divergent shape and a given change of the cross-sectional area of a streamtube produces a 
pressure change which is of opposite sign for supersonic and for subsonic flow, it is to be expected 
that the form of the pressure distribution over the surface will change when the critical Mach 
number is exceeded. This change of pressure distribution is often accompanied by changes of 
the force and moment coefficients, Moreover, at  some free-stream Mach number above the first 
critical value shock-waves usually appear at the rear of the supersonic regions close to the aerofoil 
and these in turn modify the flow and the forces acting on the aerofoil. The changes of the force 
and moment coefficients with Mach number are in some cases very violent. It must be emphasised 
that the rapid changes of lift, drag and pitching-moment coefficient do not usually begin a t  a 
common free-stream Mach number, and that the critical Mach numbers for such coefficient changes 
do not usually coincide with the first or pressure critical defined. above. Nor, in general, do 
shock-waves usually appear immediately the first critical is exceeded. The term ' shock-stall ' 
has been used somewhat loosely to describe the more violent compressibility effects described 
above. 

It is proposed to describe here in detail the observed phenomena which take place as the free- 
stream Mach number is increased to  a high subsonic value for one particular aerofoil, and then to 
consider briefly some of the evidence concerning the influence of the shape of the aerofoil section 
on these phenomena. Observations on a 5411. chord model of 1442/1547 section in the 20 x %in. 
tunnel will, therefore, be described first. This aerofoil was designed by the methods of Dr. 
Goldstein to have a ' roof-top ' pressure distribution with low drag and high first critical Mach 
number. The designed low-speed lift coefficient is 0 - 2 (at a = 0 - 5 deg) , and at this incidence the 
von KArmAn equation applied to the low-speed pressure distribution indicates a first critical Mach 
number of 0.694. A description of the design features of the aerofoil is given in R. & M. 2346lS2. 
The shape of the aerofoil section is shown in Fig. 1 which includes the chordwise positions of the 
surface pressure holes, and the theoretical and measured pressure distributions are shown in 
Fig. 2(a) and 2(b) for a Mach number below the first critical. 

3.2.1.1. Changes of$ow pattern with free-stream Mach number.-It is convenient to consider the 
variation of the pressure coefficient $/H, along the chord with free-stream Mach number in 
conjunction with photographst taken by the direct-shadow method with an exposure of the order 
of 1 microsecond. This pressure coefficient is convenient since a scale of local Mach number 
(which is exact ahead of the shock-wave) may be appended. Two incidences only will be 
considered, one, the design incidence, in which the low-speed distribution has the designed ' roof- 
top ' shape and the other a higher incidence in which the low-speed pressure distribution has a 
peak towards the leading edge (see Fig. 2). Observations at other incidences are discussed in 
R. & M. 234616'. 

Fig. 3 is a control photograph at  zero Mach number and indicates the position of faults in the 
glass tunnel walls which appear in the remainder of the photographs. Figs. 4 t o  11 show a series 

* Apart from the case of a symmetrical aerofoil at zero incidence, the speed of sound will be reached at different 
free-stream Mach numbers at the two aerofoil surfaces. Unless a statement to the contrary is made, however, the 
values of M,, given here will refer to the free-stream Mach number at which sonic velocity is first reached anywhere 
on the aerofoil. 

7 The photographs of the flow around aerofoil G.1442/1547 are due to H. H. Pearcey. 
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of photographs and distributions of p/Ho taken over a range of free-stream Mach numbers at  
a = 0.5 deg and Figs. 12 to 18 at a = 6.5  deg. The observations were made before the Mach 
number gauge was installed and the Mach numbers are, therefore, not even. 

At low Mach numbers the boundary layer and wake of the aerofoil are clearly visible together 
with an apparent distortion of the aerofoil profile at the leading edge which is due to the high rate 
of change of density gradient close to the forward stagnation point. There is also some evidence 
that the photographs indicate the position of the transition point on the aerofoil. As the speed 
is further increased shock-waves appear which move aft, strengthen and extend out into the flow 
field. Particularly at  high Mach number a large separation or thickening of the boundary layer 
occurs at the foot of the shock-wave and the wake widens considerably. At  the higher Mach 
numbers the shock-wave becomes bifurcated or forked at  the root. 

3.2.1.2. Flow-pattern changes at low incidence.-At the incidence 0.5 deg the low-speed pressure 
distribution is flat and slightly favourable back to about 0 .6  chord from the leading edge. At 
M = 0.631 (Fig. 4) the wake is clearly visible, and there is no evidence of shock-waves since the 
velocity in the flow field nowhere exceeds the local speed of sound. 

At M = 0.681 (Fig. 5) the velocity is still everywhere subsonic, but a number of wavelets are 
present close to the upper surface of the aerofoil. These cannot be at  rest relative to the aerofoil. 

At M = 0.706 (Fig. 6), which is above the first critical Mach number ( M  = 0.694), a small 
supersonic region is present on the upper surface and stronger waves are visible. The wake does 
not appear to have widened. 

At M = 0.733 (Fig. 7) the supersonic region has grown and the strength of the wavelets has 
increased. There is still no evidence of wavelets on the lower surface. 

At M = 0.784 (Fig. 8) the supersonic region has grown further and the shock-wave moved 
slightly aft and increased in amplitude. Separation has probably taken place (see Fig. 19) and 
the wake has widened. Wavelets are present on the lower surface where there is now a small 
supersonic region. The pressure gradient ahead of the shock-wave on the upper surface has become 
more favourable. 

At M = 0.835 (Fig. 9) the supersonic regions on both surfaces have grown, the shock-waves 
have moved aft and strengthened. The wave roots have become bifurcated and the wake has 
widened considerably. 

At M = 0.855 (Fig. 10) the bifurcation of the wave on the lower surface has become more 
pronounced, and the wake has widened further. 

At M = 0.876 (Fig. 11) the wave on the lower surface has moved back almost to the trailing 
edge. The wave on the upper surface is very strongly bifurcated but the further increase of the 
wake width is not large. The pressure distribution which .was at  low speed favourable back to 
about 0.6 chord on both surfaces is now favourable back to 0.65 on the upper surf,ace and 0 .8  
chord on the lower. 

3.2.1.3. Flow-pattern changes at .high incidence.-At the high incidence ( a  = 6.5 deg) there 
is a suction peak near the leading edge of the aerofoil at  low Mach number (Fig. 12, M = 0.454) 
the boundary layer over most of the upper surface is turbulent, and that on the lower is laminar. 

At a Mach number 0.569 (Illcrit = 0.49 for upper surface) there is still a velocity peak on the 
upper surface towards the leading edge but this has now exceeded the local speed of sound and 
shock-waves are visible at  about 0 -  lc.  The wake has widened a little (Fig. 13). 

At M = 0.626 (Fig. 14) the supersonic region on the upper surface has extended, the pressure 
The wake has distribution becomes slightly less peaked and the shock-waves have moved aft. 

further widened. 
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At M = 0.675 (Fig. 15) a definite shock-wave (in contrast to the rather diffuse waves seen at 
lower speeds) has formed and is apparently preceded by a second wave which may be due to a 
bifurcation or forking of the main shock-wave in the boundary layer of the glass walls. The wake 
has widened and there is some evidence that the transition position has now moved aft to the 
shock-wave position. The supersonic region has extended and the pressure distribution flattened. 

At M = 0.728 (Fig. 16) the pressure distribution is favourable back to about 0.47 of the chord. 
The supersonic region has extended and the shock-wave moved back to about half-chord. The 
wake has widened. 

Thickening of the 
boundary layer begins at the front limb at which the supersonic velocity also begins to fall (the 
fall is very much more gradual than in the case of a shock-wave without bifurcation), The width 
of the wake has increased considerably. 

At M = 0.829 (Fig. 18) the bifurcation of the shock-wave and thickening of the boundary 
layer on the upper surface has become more pronounced and the fall of pressure at the rear of the 
supersonic region more gradual. A small region of supersonic velocity has appeared on the lower 
surface and is terminated by a shock-wave. The rapid widening of the wake has continued. 
The pressure distribution on both surfaces is now favourable back to at least 0 . 5 5 ~ .  Thus the 
increase of the favourable tendency of the pressure gradient ahead of the shock-wave is very much 
greater on the upper surface than it was at low incidence. Similarly, the range of shock-wave 
movement along the chord is greater. 

3.2.1.4. Vayiat ioN of Izormal force and  momen t  coe&cieutts w i th  f ~ e e - s t y e a m  Mach n.umbev.-It is 
first convenient to consider the variation of the pressure coefficient C, with free-stream Mach 
number. This coefficient has the advantage that (C, - x / c )  curves may be integrated to give 
normal force and moment directly, and that such curves may therefore be used to trace the 
changes of overall force coefficient to their origin in the change of surface pressure distribution. 
To facilitate this the difference OC, between the pressure coefficients on the upper and lower 
surfaces has also been plotted and is labelled ' Distribution of Lift '. 

Fig. 19 shows the variation of the distribution of C ,  along the upper and lower surfaces of the 
aerofoil with free-stream Mach number at the design incidence ( M  = 0.5 deg). At this incidence 
the first critical Mach number for the upper surface is 0.694, and for the lower surface 0.77. The 
observations may be summarised as follows : 

The pressure coefficients on both surfaces are slightly more negative than 
the low-speed values, the change being roughly in accordance with the prediction of 
the von K5rmAn equation, and there is a slight rise of lift coefficient above the low- 
speed value. 

(b) 0.70 < M < 0.75. There is a slight decrease of the suction coefficient (i.e., C, becomes 
more positive) over the forward part of the upper surface. The extension of the super- 
sonic region with rearward movement and intensification of the shock waves produces 
an increased suction around x/c = 0.6. The normal von KArmAn increase of suction 
continues on the lower surface. The effects on the upper and lower surfaces com- 
pensate each other and there is still little change of lift coefficient. The change in the 
distribution of lift on the upper surface causes the pitching-moment coefficient to 
decrease slightly. 

(c) 0.75 < M < 0.80. The decrease of suction over the forward part of the upper surface 
becomes more pronounced. The rate at which the shock-wave moves back decreases 
but the peak suction ahead of the wave (and the wave amplitude) increases. The 
suction behind the wave over the whole of the rear part of the aerofoil also increases. 
This is probably due to the change of the effectiveshape of the aerofoil behind the 
thickening of the boundary layer. The suction coefficient on the lower surface 
continues to increase over the whole surface, shock-wave effects being not yet evident. 
The changes of pressure coefficient on the upper surface tend to compensate each other 
and there is a fall of lift coefficient. The fall of moment coefficient due to the change 
of lift distribution on the upper surface is intensified. 

At M = 0.779 (Fig. 17) the foot of the shock-wave is forked or bifurcated. 

(a) M < 0.7. 

Simultaneously the moment coefficient shows a gradual fall. 
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(d) 0-80 < M < 0.88. The decrease of suction over the forward part of the upper surface 
continues together with the increase over the rear part behind tEe shock-wave. The 
peak suction ahead of the wave does not increase and the shock-wave remains fixed." 
The suction on the lower surface now develops in a similar manner to that on the 
upper surface at lower free-stream Mach numbers. The lift coefficient continues to 
fall, and the pressure coefficient changes on the lower surface due to shock-wave develop- 
ment are now predominant over the opposite tendencies of the upper surface producing 
a rapid rise of pitching moment. 

In R. & M. 2346IG2 it is noted that the shock-wave on the upper 
surface now begins t o  move back (possibly being able to do so because of a modification 
of the effective surface curvature by the more pronounced thickening of the boundary 
layer behind the wave). The suction over the rear part of the aerofoil also begins to 
increase more rapidly. The development of the shock-wave and suction on the rear of 
the lower surface become less rapid. The fall of lift coefficient is arrested on account of 
the changes in suction at  the rear of both surfaces, and simultaneously the rapid rise 
of moment coefficient is checked. 

Fig. 20 shows a similar family of curves at high incidence (6 .5  deg) where the low-speed 
pressure distribution has a peak near the leading edge. These may be examined in conjunction 
with the photographs Figs. 12 to 18, but a detailed discussion will not be given here. 

(e) 0.85 < M <: 0-90. 

3.2.1.5. Variation of jwoJile-drag coejj?cieizt with fyee-stream Mach nunzber.-At the design 
incidence (K = 0.5 deg) the drag coefficient Figs. 21 and 22 remains approximately constant over 
the range of free-stream Mach number 0.4 to 0.7. At a Mach number a little above 0.7, however, 
the drag coefficient begins to rise rapidly. This change arises from : 

(a) Degradation of kinetic energy in shock-waves present close to the aerofoil. 
(b) Thickening or separation of the boundary layer in the neighbourhood of the sudden 

adverse pressure gradient where the shock-wave approaches the aerofoil surface. 
(c) Changes in the position of the transition point in the boundary layer ahead of the shock- 

wave due to the change of the pressure distribution in this region when shock-waves 
are present. This will produce changes of the skin friction ahead of the shock-wave, 
and also probably changes in the behaviour of the boundary layer at  and downstream 
of the shock-waves as well as in the form of the wave itself. 

Fig. 21 shows that the general form of the profile-drag curves up to  an incidence of 4.5 deg is 
similar to that of the OsS-deg curve, the drag rise beginning at  a different Mach number at  each. 
incidence. At K = 6-5  deg however, after an initial drag rise a check to drag rise occurs before 
a final and more rapid rise. The explanation of this check to the drag rise is t o  be found in 
R. & M. 207978 and is due to the rearward movement of the transition point with that of the shock- 
wave which produces an extended favourable pressure gradient ahead. At this high incidence 
the shock-wave and transition movement is considerable and the drag reduction due to transition 
movement large. Indeed in other tunnels the profile-drag coefficient has been observed to fall 
in some cases before the rapid rise takes place (Fig. 23). 

Considering now the phenomena which occur at  lower incidences, it seems that a considerable 
part of the drag rise must be attributed (at the Reynolds number and tunnel turbulence of the 
experiment) to thickening or separation of the boundary layer downstream of the shock-wave. 
A curve for the ideal ' shock-wave drag calculated by the method outlined by Lock is appended 
to Fig. 21. There is evidence that, apart from neglecting the rise of drag due to shock-wave- 
boundary layer interaction, this method does not predict accurately the drag rise due to the rise 
of entropy through the shock-wave. Nevertheless, the rate of drag rise predicted by Locks 
method is comparable with that observed (2C,/aM 0.45) a t  all incidences. 

~ ~ ~~ ~~ ~~~ 

"The shock, however, becomes bifurcated (Figs, 9, 10, 11) and the position of the forward branch at the surface, 
and, therefore, that of the peak suction, is nearly constant. The rear branch continues to move back. 
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The photographs of the flow pattern do not show a separation of the boundary layer at the 
design incidence until a free-stream Mach number of about 0 .8  has been reached, and it appears 
that much of the drag rise below this Mach number is due to boundary-layer thickening at  the 
shock-wave. Above this Mach number bifurcation of the shock-wave takes place and the pressure 
coefficient over the rear part of the aerofoil departs from its constant value. Thus it appears 
that such bifurcation was accompanied in this experiment. by separation of the boundary layer 
and further drag rise. 

3.2.1.6. General discussion of overall force and moment-coeficiemt changes.-The variation oi 
profile-drag coefficient with free-stream Mach number for aerofoil 1442/1547 has already been 
discussed in some detail and is summarised by Fig. 21. The variation of profile-drag coefficient 
at constant lift coefficient is shown in Fig. 22, and, apart from the initial drag fall at  high lift 
discussed above and due to rearward transition movement, no unusual features appear. 

The variation of lift coefficient with free-stream Mach number over a range of incidence is 
shown in Fig. 24. Except at low incidence where the initial rise is small these curves show the 
usual initial rise of lift coefficient followed by a sharp fall. The rise of lift coefficient, however, is 
never equal to that predicted by the Glauert equation apart from a very sharp rise of C, at  
a = 6.5 deg beginning at a Mach number of about 0.63. This rapid rise is attributed to a shock- 
wave effect and is characteristic of aerofoils with a peaked pressure distribution at  low speeds. 

The lift coefficient at constant Mach number is plotted against incidence in Fig. 25, and it may 
be seen that the lift-curve slope increases to a maximum at a Mach number of about 0.7 after 
which a rapid fall occurs. This is also shown in Fig. 26 where the lift curve slope dC,/dais plotted 
as a function of free-stream Mach number at both constant incidence and lift coefficient. The 
no-lift angle of incidence approximates to the theoretical value of - 1 - 3 deg at low speeds but 
increases rapidly above a Mach number of about 0.75 (Fig. 27). 

The quarter-chord pitching-moment coefficient at  constant incidence is plotted as a function of 
Mach number in Fig. 28. Apart from the curve for a = 6.5 deg these curves all show an initial 
gentle fall of pitching moment followed by a rapid fall and a more rapid rise at higher Mach 
number. Similar curves plotted at constant lift coefficient in Fig. 29 show the same general 
characteristics. 

The distance of the centre of pressure ahead of the quarter-chord point of the aerofoil is plotted 
as a function of Mach number in Fig. 30. At positive lift coefficients there is a rearward centre 
of pressure movement with increase of Mach number. This movement increases as the 
lift coefficient is reduced. 

The aerodynamics centre position ahead of the quarter-chord point is shown in Fig. 31, and it 
may be seen that although fluctuations of the position may occur with rise of free-stream Mach 
number the general tendency is for a rearward movement at positive lift. 

The moment curve slope dC,,,/da is plotted as a function of free-stream Mach number in Fig. 32. 

3.2.1.7. Note 0% the diffise nature of some of the shock-waves of Figs. 4 to 18.-In general photo- 
graphs taken by the direct-shadow method in the 20 x 8-in. tunnel do not indicate single shock- 
waves ,on the surfaces of aerofoils particularly at  the lower Mach numbers. The exposure of all 
the photographs is of the order of one microsecond. The diffuse nature may be due to : 

Transient disturbances. Such disturbances have been photographed at Mach numbers 
below the first critical (e.g., Fig. 5)  when they cannot be at rest relative to the aerofoil. 
At such Mach numbers the disturbances may be of the nature of sound waves originating 
to the rear of the model and passing upstream. At Mach numbers a little above the 
first critical the disturbances may be of increased amplitude and can, therefore, move 
upstream in the supersonic region. Also, they may still be propagated upstream 
outside the supersonic region. 
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(b) Spanwise variations. Variations of the shock-wave position across the span may appear 
on the photographic record as a diffuse wave particularly with the direct-shadow 
method of photography. 

The double nature of the shock- 
wave in some of the photographs may be due to bifurcation in the boundary layers of the 
two glass tunnel walls. This appears to be a function of shock strength since in some 
of the photographs the forward part of the double wave disappears (with movement 
away from the aerofoil) before the rear part (e.g., Fig. 18). 

(c) Interaction with the boundary layer of the tunnel wall. 

(d) Oscillation of the wave. This could account for most of the observed phenomena. 

3.2.2. The Injlueiwe of the Aerofoil Shape.-3.2.2.1. Lift.-The general tendency of the lift- 
coefficient, Mach-number curve is first an initial rise up to  a Mach number of 0.7 to 0 .8  for , 
aerofoils of moderate thickness followed by a rapid fall associated with the formation of shock- 
waves on the aerofoil surfaces. The lift coefficient then rises again re-establishing itself at  
supersonic velocities and falling again as the supersonic Mach number is increased. 

Injuence of Aerofoil Thickness.-Thin aerofoils show an initial rise of lift coefficient with 
This rise appears in most cases to agree increase of free-stream Mach number from a low valve. 

with that predicted by the Glauert formula :- 

c, = c, o( 1 - M2) -1'2 . .  . .  . .  . .  
where C4 is the lift coefficient in an incompressible fluid and C, that at  free-stream Mach number 
M .  This expression applies strictly only when regions of supersonic velocity are absent and when 
the local velocity is everywhere nearly equal to the free-stream velocity. Thus, the Glauert 
equation would only be expected to  apply to  thin aerofoils at  low incidence and Mach numbers 
below the first critical. Indeed it is found that thick aerofoils (greater than about 18 per cent) 
do not show a large initial rise of lift coefficient, and in general, this rise decreases as the aerofoil 
thickness is increased. This is illustrated by Figs, 33, 34, and 35," which apply to symmetrical 
and, cambered aerofoils respectively. The fall of lift coefficient which occurs at  higher free-stream 
Mach numbers and is associated with the formation of shock-waves occurs at an earlier Mach 
number and is more severe for thick than for thin aerofoils. 

The lift must re-establish itself at  supersonic speeds, and some of the lift curves show this 
The precise shape of the tendency at Mach numbers above that at which the loss of lift occurs. 

lift curve in the region of Mach number close to unity, is however, not known. 

Injluence of cawzizbev.-The zero-lift incidence for a cambered aerofoil increases rapidly after 
some high subsonic Mach number has been reached. This is illustrated by Fig. 36 which shows 
that the no-lift angle of some aerofoils becomes positive at high Mach number. Since, however, 
the no-lift angle at supersonic speeds is roughly zero it seems that in these cases a fall of no-lift 
angle must occur at higher Mach number. 

The increase of no-lift angle produces nose down changes of trim and this represents a 
disadvantage of the cambered aerofoil for operation above the shock stall since the no-lift angle 
of a symmetrical section is zero at  all Mach numbers. In general the lift coefficient fall begins. 
at a lower Mach number and is rather more severe for a cambered than for a symmetrical aerofoil 
being particularly severe for thick cambered aerofoils (greater than about 18 per cent). This is 
illustrated by Figs. 35, 37. 

* For aerofoil nomenclature, see Appendix I. 
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Infiuence of trailing-edge angle.-No definite conclusions on the effect of trailing-edge angle 
on lift can be drawn from the results of tests in the N.P.L. tunnels. Since, however, the lift at  
high Mach number is largely dependent on differential movements of the shock-waves on the 
two aerofoil surfaces it might be expected that changes of surface curvature towards the rear of 
the aerofoil would be important. This is confirmed by some German experiments which show 
that by making the rear part of the aerofoil concave, and thus reducing the trailing-edge angle, 
the lift and moment characteristics at  high Mach number may be improved. Thus it was found 
that for trailing edge angles below about 17 deg the C,,,, C ,  and C,, a curves could be made 
approximately linear up to high Mach numbers. 

Critical Mach ~zuwzber for lift fall.--In common with the drag and moment critical Mach 
numbers, the critical Mach number for lift fall does not usually coincide with the first or pressure 
critical Mach number. Nor does the lift critical Mach number agree exactly, in general, with 
the drag critical. It appears that in many cases the lift coefficient continues to rise at Mach 
numbers above the first critical. The agreement between the lift critical and the first critical Mach 
number is found to be best when the first critical is high. Thus for aerofoils with large suction 
peaks in the pressure distribution the lift critical occurs at a Mach number considerably in excess 
of the first critical, and for aerofoils with flat pressure distributions soon after the first critical. 

3.2.2.2. Pitching momeizt.-The Glauert equation predicts that the quarter-chord pitching- 
moment coefficient will be proportional to  the factor (1 - MZ)-l/' and will, therefore, increase in 
magnitude as the Mach number is raised (usually becoming more negative). The limitations of 
the equation are identical to those discussed in the section on lift. It is found in practice that the 
effects of compressibility on C,,, are rather more marked than the Glauert relation would predict, 
and Hilton has suggested an empirical formula which is based on the Glauert relation but includes 
a term containing the thickness ratio of the aerofoil. The Glauert and Hilton equations are 
identical for an aerofoil of zero thickness. Hilton's formula gives good agreement with observa- 
tion except at high C, within roughly the limits of Mach number in which the Glauert formula is 
valid. 

For C,,,o the general tendency is to become more negative as the Mach number is raised until the 
Mach number is reached at which the lift coefficient begins to fall. Above this Mach number C,,Lo 
begins to rise rapidly (becoming less negative) towards zero. 

Injuence of aerofoil thickness.-The Mach number for rapid increase of C,,, decreases with 
increase of aerofoil thickness. This is illustrated by the curves for EQH 1250/1050 and 
EQH 1550jl05S in Fig. 38 (the difference of position of the maximum centre-line ordinate should 
not invalidate this comparison). The quarter-chord pitching-moment slope aC,,,/a v, increases 
rather more rapidly with rise of Mach number from a low value for thick than for thin aerofoils. 
This is illustrated by Figs. 39 to 42. 

Infhence of cambey.-The value of C,,o as well as the no-lift angle are zero at all Mach numbers 
for a symmetrical aerofoil and this constitutes an advantage of this type of section. Fig. 43 
shows the variation of the aerodynamic centre position for a number of aerofoils tested at  the 
N.P.L. At approximately the same Mach number as that at  which the lift coefficient begins to 
fall rapidly the position of the aerodynamic centre begins, in most cases, to move suddenly forward 
from the quarter-chord position. In some cases a subsequent rearward movement is apparent at  
a higher Mach number. This is to be expected since at  supersonic speeds the aerodynamic 
centre is approximately at half chord. 

Influence of trailing-edge aqgZe.-German experiments indicate that the aerodynamic centre 
movement is most serious for aerofoils with large trailing-edge angle. 

Critical Mach n.uvzber for pitching qnoiute&.--In general a similar delay of pitching-moment 
critical Mach number beyond the first critical to that discussed under lift is observed. The 
pitching-moment critical appears to  agree more closely with the lift critical than with the drag 
critical or the first critical Mach number. 
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3.2.2.3. PvoJile drag.-In$wzce of aerofoi2 thickness.-Tests in the N.P.L. and other high-speed 
tunnels indicate that the critical Mach number for drag rise decreases as the maximum thickness 
of the aerofoil is increased. This is illustrated by Fig. 44 which gives the results of tests in the 
Win. diameter high-speed tunnel on a family of 2-in. chord aerofoils 12, 15, 17 and 20 per cent 
thick, and by Fig. 45, which shows some German results. 

There appears to be little conclusive evidence on the influence of aerofoil thickness on the rate 
of drag rise above the critical Mach number, but the effect of thickness variation does not appear 
to be very great. Thus an analysis of a large number of N.P.L. results has indicated that the 
drag-curve slope aC,/aM above the critical Mach number is about 0.45 for most aerofoils. 

At  supersonic speeds the drag coefficient is approximately proportional t o  the square of the 
thickness for aerofoils with the bow-wave attached to the nose. 

I74$mnce of the position of ~naxiutzzm thickness.-Tests at  the N.P.L. and elsewhere have indi- 
cated that rearward movement of the position of maximum thickness increases the critical Mach 
number for drag rise. Humidity effects in both N.P.L. tunnels and wall interference in the 1-ft 
tunnel have, however, prevented definite conclusions being drawn as to the influence of maximum 
thickness position on the rate of drag rise above the critical Mach number. Experiments made 
in Germany indicate that rearward movement of the position of maximum thickness increases 
the rate of drag rise above the critical, and at such Mach numbers, therefore, a forward position 
may be desirable. Figs. 46 to 49 show results obtained in the 2.7-m D.V.L. tunnel on three 
12 per cent symmetrical aerofoils with maximum thicknesses at 30,40 and 50 per cent of the chord 
from the leading edge. It appears that a 40 per cent maximum thickness position is the optimum 
at small incidences for a Mach number a little above the critical, but that at  higher incidence a 
more rearward position is preferable. 

Inj'luence of leadhg-edge mdim-Little evidence is available from N.P.L. experiments on the 
influence of leading-edge radius on the critical Mach numbers. Some German results, however, 
indicate that this is small in most cases. 

Injuence of cawzbev.-The incidence for minimum profile drag of a cambered aerofoil decreases 
as the Mach number rises. This is illustrated by Fig. 21 which applies to the Goldstein 1442/1547 
aerofoil. In general it appears that the critical Mach number for drag rise decreases with increase 
of camber for low ( < 0.6) lift coefficients, and that at lift coefficients of this order the drag of a 
symmetrical aerofoil is then less than that of a cambered aerofoil. 

Cvitical Mach numbev f ov  dvug vise.-For aerofoils with flat pressure distributions the drag 
begins to  rise at a Mach number a little above the first or pressure critical. This is illustrated by 
Fig. 21, E = 0.5 deg, for the Goldstein aerofoil and by the zero lift drag curves of Fig. 46. M'hen 
the pressure distribution has large suction peaks, however, the first critical Mach number a.ppears 
to bear no relationship to  the critical Mach number for drag rise. This is illustrated by the high 
incidence curves of Fig. 46 or by Fig. 49. It has already been mentioned that a high critical 
Mach number for drag rise gives no indication of the performance of an aerofoil at  supercritical 
Mach numbers, and it appears that the pressure critical is an even less satisfactoy basis for 
estimating the performance at  very high Mach numbers. This is illustrated by Figs. 47, 48, 49. 

3.2.3. Aevofoil Tests at Subsozzic Speeds i14 the  l-jit Diaznetev Tunutel.-A large number of 2-in. 
chord aerofoils have been tested on the balance of the 1-ft diameter tunnel at  subsonic Mach 
numbers. Some of the more important conclusions are summarised in the foregoing paragraphs, 
and a complete description of the experiments is given in R. & M. 2058. A list of the aerofoils 
tested may also be found in the Appendix to the present paper. 

They 
were, moreover, necessarily made at low Reynolds number, and the corrections for wall inter- 
rerelice are probably not very reliable, particularly at  high Mach number. For these reasons 
the experimental results, particularly those of drag should be considered as qualitative rather 
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than quantitative in many cases. Thus, for example, a comparison between Figs. 44 and 45 which 
show the results of profile-drag measurements in the 12-in. N.P.L. tunnel and the 2.7-m D.V.L. 
tunnel indicates a considerable discrepancy. 

3.2.4. Aerofoil Tests at Subsonic Speeds i $ z  the' 20 x 8-in. Tunnel.-Observations on the 1442/ 
1547 section have already been discussed, and those on E C  1250 and Mustang (14g 40/1241) wing 
sections will be discussed later. A list of other aerofoils which have been tested in this tunnel is 
given in Appendix 1. 

3.2.5. Schlieyen Photography in the 20 x 8-i.y~. Tunnel.-In addition to a large number of direct- 
shadow photographs of the two-dimensional flow round aerofoil models in the 20 x 8-in. tunnel, 
a certain number have also been taken by a schlieren method. Some typical examples are 
reproduced in Figs. 50 to 53 which show the flow round an N.A.C.A. propeller aerofoil (10 per cent 
thick at 50 per cent chord) at  a Mach number of 0.84 and an incidence of - 2 deg. The four photo- 
graphs were taken in quick succession by four different schlieren set-ups, two with the knife-edge 
cut-off parallel to the chord, and two perpendicular to the chord as shown in the figures. The 
exposure in each case was of the order of one microsecond. 

The regions of expansion and compression are clearly visible together with the positions of the 
shock-waves and boundary-layer separations on the aerofoil surfaces. Small amplitude waves 
originating near the trailing edge of the aerofoil and propagated upstream may be seen. These 
build up into a wave of large amplitude constituting the aerofoil shock-wave which is then at rest 
a t  the rear of the region of supersonic velocity immediately upstream. There is some evidence 
from the photographs that small amplitude waves may be propagated upstream round the 
outsides of the supersonic regions. 

This 
may be evidence that the boundary layer in the supersonic region on this surface is turbulent. 
This is supported by the fact that the shock-wave on this surface is not bifurcated whilst that on 
the upper surface is (Ackeret having shown that for weak shocks bifurcation usually occurs only 
in a laminar boundary layer). At the bifurcated wave on the upper surface boundary-layer 
separation occurs immediately (Fig. 50) whilst at the ' near normal ' shock-wave on the lower 
surface there is apparently no immediate boundary-layer separation (Fig. 51). The wide region 
of turbulence (outside the wake) visible in Figs. 50 and 51 is attributed to an effect close to the 
glass tunnel walls and has yet to be further investigated. 

These photographs should be examined in conjunction with the pressure distributions shown 
in Fig. 54 which were taken simultaneously. 

Wavelets in the supersonic region on the lower surface are visible in all the photographs. 

. 

3.2.6. Conzparison of N.P.L. and R.A. E. High-speed Tunnel Observations.-The surface 
pressures and the profile drag of aerofoils of the Mustang section were measured in the N.P.L. 
20 x 8-in. tunnel and in the R.A.E. 10 x 7-ft tunnel in 1944. The ideal design section (N.A. 73) 
was not reproduced in the models but the section used in the flight tests was copied. The 
section tested at  the N.P.L. and the R.A.E. differed since the N.P.L. model included an irregu- 
larity at  0 . 7 5  (where the flap hinge was sealed in the flight tests) which was not reproduced on 
the R.A.E. model. 

The pressure distributions measured in the two tunnels are compared in Fig. 56, and the lift, 
pitching moment and drag coefficients in Figs. 57, 58, 59 respectively. Whilst the results are in 
qualitative agreement, considerable discrepancies exist between numerical values and these are, 
no doubt, due in part t o  the differences between the shapes of the aerofoils. Other possible 
explanations of the differences are discussed in R. & M. 225116'. 

3.2.7. Conzparison of High-speed Wind Twmutel and Flight Observations.-The results of surface 
pressure-plotting experiments on the wing of a Mustang I aircraft in flight are given in Ref. 170, 
and profile-drag measurements for the same aircraft in Ref. 171. The aircraft was dived to 
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achieve the high Mach numbers required for the comparison with wind-tunnel observations, the 
highest Mach number achieved being about 0.79. Considerable care was taken t o  ensure that 
the corrections for lag in the manometer system were reliable, but even so, the pressure-plotting 
observations must, t o  some extent, be considered suspect on this score. Moreover, the difficulties 
associated with supporting a pitot-comb of adequate length restricted the length of comb used, 
and it seems that in some cases the whole of the wake was not covered. The distortion of the 
wing section under aerodynamic load is also a possible source of error. 

At low speeds it was found that the flight and wind-tunnel results were in good agreement for 
pressure distribution, those of flight being roughly the means of the measurements in the R.A.E. 
and N.P.L. wind tunnels. Above a Mach number of about 0.7, however, considerable discrep- 
ancies occurred (see Fig. 60). Thus, for example, the peak suction is considerably more 
pronounced in flight than in the wind tunnels on both upper and lower surfaces. 

Unfortunately the Mach 
number to which the flight tests could be carried was not sufficiently high to give a good 
comparison in the region of the critical Mach number. It appears, however, that the critical drag 
rise begins at  a Mach number about 0.02 higher in flight than in the wind tunnel. 

The flight and wind-tunnel drag curves are compared in Fig. 61. 

3.2.8. The If@uence of Reynolds Number.-At low speeds the influence of the Reynolds number 
on the flow round a body is almost entirely confined to the boundary layer. Thus, the transition 
from laminar to turbulent flow in the boundary layer, the intensity of skin friction, and the 
position and nature of separation are, for a given shape and surface roughness, largely dependent 
on the Reynolds number. 

At high Mach numbers when shock-waves are present in the flow between theleadingand trailing 
edges of the body, there is considerable evidence that the nature of the interaction of the shock- 
wave and the boundary layer depends on the nature of the boundary layer upstream of the 
region of interaction. Thus, not only the nature of the shock-wave itself but also the flow 
downstream of the wave are dependent on the Reynolds number. It, therefore, appears that the 
Reynolds number may have an important influence on the distribution of normal surface pressure 
near and downstream of the interaction, on the normal'force and moment coefficients, and also on 
the drag coefficient. The experimental evidence which is a t  present available is sufficient to 
support these general statements, but is not yet sufficiently conclusive t o  enable a precise 
description of the influence of Reynolds number to be made. 

Fig. 62 shows the variation of the profile-drag coefficient of aerofoils of EC 1250 section with 
Reynolds number. The experiments were carried out in the 20 x 8-in. tunnel (apart from one 
set of observations on the 2-in. chord model) with aerofoils of 2, 5 and 12-in. chord. The tunnel 
stagnation pressure was constant throughout the experiments so that the Reynolds and Mach 
numbers were varied simultaneously. Mach number scales are appended to the Reynolds 
number scale in Fig. 62, and Reynolds number scales to the Mach number scale of Fig. 63. It 
appears from Fig. 63 that the profile-drag coefficient above the critical Mach number for drag rise 
is very little dependent on Reynolds number (over the range 0 .7  x 106 t o  4 . 3  x 106). At lower 
Mach numbers, however, the Reynolds number appears to  be important. This is in agreement 
with observations in low-speed tunnels in which it is well known that the position of the transition 
point and the existence of laminar separation are both functions of Reynolds number. The skin 
friction drag will also, of course, vary with Reynolds number at constant transition position and 
this appears to  be the explanation for the drag changes below the shock-stall in Fig. 62. It is 
known from flow visualization by the schlieren method and by inspection of surface pressure 
distributions that laminar separation occurs on 5-in. chord models in the 20 x 8-in. tunnel at low 
Reynolds (and, therefore, Mach) numbers. 

The profile-drag measurements of Figs. 62, 63, must be suspect, particularly at  high Mach 
number, because of the possibility of condensation of atmospheric humidity. Some drag obser- 
vations made in the R.A.E. high-speed tunnel over a range of Reynolds and Mach numbers are 
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shown in Fig. 64. These results indicate a considerable scale effect on the absolute values of the 
profile-drag coefficient at  all Mach numbers. This appears to be particularly so for Reynolds 
numbers below about one and a half million. 
. 3.2.9. Travzsitiovz lvzdicatioiz.-The results of experiments on the transition from laminar to 
turbulent flow on the surfaces of a 5-in. chord aerofoil model of EC 1250 section are shown in 
Figs. 65, 66, 67. Fig. 65(a) shows a typical deposit of atmospheric dust on the surface of an 
aerofoil in the 20 x $-in. tunnel. The position of transition on the surface and also the spread of 
turbulence behind a leaking pressure hole near the leading edge of the aerofoil is shown. 

Figs. 65(b) ,  66, show a series of photographs taken with the E C  1250 aerofoil over a range of 
Mach numbers using the china-clay method78. The corresponding pressure distributions were 
observed during a separate experiment, and are also shown together with the shock-wave position 
observed during the transition experiments. 
span close to the tunnel walls it may be seen that the transition position moves aft as the Mach 
number increases, coinciding at high Mach numbers with the position of the shock-wave on the 
aerofoil surface. The increasingly favourable pressure gradient upstream of the shock-wave 
which appears as the Mach number is increased is compatible with the observed movement of the 
transition position. At the incidence of the experiment, the pressure gradient on the lower 
surface is favourable over between 0.7 and 0.8 of the chord for the whole range of Mach number, 
and little movement of the transition position on the lower surface is apparent with increase of 
Mach number (Fig. 67). 

It appears from these experiments that the boundary layer immediately ahead of the shock- 
wave is laminar and it is known that the nature of the interaction of shock-wave and boundary 
layer depends on the state of the boundary layer. At the Reynolds number of flight the tendency 
for an early transition to turbulent flow will be considerable, and it is possible that the boundary 
layer upstream of the shock-wave will be turbulent so that the wind-tunnel observations discussed 
above may indicate a scale effect. 

The rearward movement of the transition position observed in the wind-tunnel observations 
may be accompanied by a reduction of the skin friction over the forward part of the aerofoil. At 
Mach numbers below that at which the entropy rise through the shock-wave and the boundary 
layer thickening or separation begins to control the profile-drag coefficient it might be expected 
that this will show an initial fall with rising Mach number. This would be expected to be greatest 
when the movement of the transition position is largest, that is for aerofoils whose low-speed 
pressure distribution has a peak near the leading edge and is illustrated by the curves of Fig. 21 
and also by Fig. 23 which shows some results from the D.V.L. 2.7-m tunnel. 

The experimental observations also show the spread of turbulence at  the ends of the aerofoil 
due to transverse contamination by the boundary layer of the tunnel wall and by any small leaks 
which may have been present. This does not appear to influence the centre portion of the span 
on which measurements are made. 

The 
surface with this indicator is not as good as that obtained for the china-clay method, several large 
irregularities being present. The spread of turbulence behind these obstacles is clearly visible in 
the photographs as the familiar cusped shapes. Charters has showngo that on a flat-plate trans- 
verse contamination behind such an obstacle is in the form of a wedge. The cusped shape 
which is characteristic of transverse contamination on an aerofoil is attributed to the existence 
of a velocity gradient along the chord. 

Several of the photographs shown in Figs. 4 to 18 and taken by the direct-shadow niethod 
indicate transition fairly clearly". This method appears to show considerable promise but 
has several limitations, the chief of which appear to be inability of indicating spanwise variations 
of the transition position. 

Ignoring for the moment the regions of the aerofoil , 

The results of experiments using a sublimation indicator (Borneol) are shown in Fig. 68. 

3.2.10. The Ifiteractioiz of Shock- Waves aizd Boundary Layers.-For inviscid two-dimensional 
fluid flow along a plane surface a normal shock-wave will extend right down to the surface without 
change of intensity or form. In such a flow an oblique wave, incident on the surface at an angle 

8 See A.R.C. Current Paper. No. 10. 
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greater than a certain critical angle, will experience regular reflection at  an angle in excess of the 
incident angle. The flow downstream of the reflected wave will remain parallel to the surface. 
If the angle of incidence is greater than the critical angle, a third (Mach) wave will appear between 
the surface and the point of intersection of the incident and reflected waves which will then lie at 
some distance from the surface. In general the static pressure will be the same behind the Mach 
wave and the reflected wave, but the speed, temperature, entropy and Mach number will differ, 
and a vortex sheet will appear at  the point of intersection of the three waves and pass down- 
stream. At the inception of this rkgime the Mach wave is normal to the surface, but, as the point 
of intersection of the three waves recedes from the surface, the Mach wave becomes increasingly 
curved. 

In a real fluid, the velocity must fall to zero at the surface and the shock-wave cannot extend 
to the surface, since the velocity in the boundary layer must be subsonic near to the surface. 
Moreover, a shock-wave constitutes a severe adverse pressure gradient and a marked change of 
the nature of the boundary layer may be expected in the region of the surface near the shock-wave. 
The interaction of shock-waves and boundary layers is clearly of fundamental importance in the 
study of compressible flow round bodies and in channels. mixed ' or 
' transonic ' flow round an aerofoil at  high subsonic Mach numbers when local supersonic regions 
are present is critically dependent on this interaction. Fundamental experimental studies of 
the nature of shock-wave-boundary-layer interaction have been made in America, Germany, 
Switzerland and in this country, but further work is required before all the phenomena are fully 
understood. 

At the N.P.E. Fage and Sargentl' investigated the interaction of shock-waves of varying strength 
with the turbulent boundary layer on a flat plate and found that the nature of the interaction 
was a function of the shock strength. More recent work by Ackeret and by Liepmann has 
indicated that the interaction also depends on the nature of the boundary layer immediately 
upstream of the interaction. Thus Reynolds number and the introduction of artificial turbulence 
into the boundary layer were shown to  have a considerable influence. 

It consisted essentially of a 
' one-sided ' (Crocco-type) supersonic tunnel in which shock-waves were formed either at the 
breakdown from supersonic to subsonic flow, or as oblique waves from a wedge attached to one 
wall of the tunnel. The interaction of the shock-wave with the boundary layer of the plane wall 
opposite the single nozzle liner was studied. The plane wall could be traversed axially with a 
micrometer screw and supported the exploring tubes (static, pitot and surface tubes) used in the 
experiment. Direct-shadow and schlieren photographs of the flow were also taken. In order to 
increase the Reynolds number at the point where the interaction was studied, the tunnel was 
extended for a considerable distance upstream of the throat of the supersonic nozzle. The Mach 
number varied along the length of the plane wall, and it is difficult to give a measure of the 
Reynolds number at  the point of interaction but it was probably about six millions. The Mach 
number ahead of the shock-wave was varied by the use of three separate nozzle liners and by 
varying the position of the breakdown shock in the expanding region of the nozzle. 

Fig. 7Q, 71 show a number of direct-shadow and schlieren photographs of the interaction of the 
The shock strength x (defined 

as the ratio of the static pressure downstream to that upstream of the single part of the wave) 
varies from 1 - 19 (plate j )  to 2.33 (plate k) through the sequence j ,  i, b, h, g ,  f ,  e, (a and c), d, k. 
All the photographs show that the foot of the shock-wave does not extend right down to the 
surface. At low shock strengths the foot of the shock is not forked or bifurcated, but at higher 
values ( >  1-84) bifurcation is visible. It can be seen that the boundary layer thickens in the 
region of the interaction and that the thickening increases with increasing shock strength. The 
boundary-layer thickening is particularly severe in the case of bifurcated waves, beginning at the 
upstream toe of the wave foot. The apex of the bifurcated waves recedes from the surface as 
the shock strength increases. 

. 
In particular the 

The apparatus used by Fage and Sargent is shown in Fig. 69. 

near normal ' breakdown shock-wave with the boundary layer. 
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Fig. 71, plates q, p and n, (0, m), show the interaction of an oblique incident wave with the 
boundary layer. In  all cases a third (Mach) wave is visible, the point of intersection of the three 
waves receding from the surface as the shock strength increases. At the higher shock strengths 
the Mach wave bifurcates on interaction with the boundary layer in a similar manner to the near- 
normal waves previously discussed. 

Fig. 72 shows the variation of normal pressure along the plane surface in the region of the 
interaction. This is plotted as the ratio of the normal pressure (jb) to the atmospheric pressure 
( p A ) .  Curves of the variation of the intensity of surface friction (z,) along the plaie are also 
shown. The values of z, are plotted as a ratio to the intensity of surface friction ( T , ) ~  just 
upstream of the interaction and are deduced from surface-tube observations. It may be seen 
that the static-pressure gradient at the surface is in no case comparable in suddenness with that 
which occurs through the main shock-wave at  some distance from this surface. This is consistent 
with similar observations on the surfaces of aerofoils in the presence of shock-waves. The static 
pressure begins to rise at  the upstream toe of the shock-wave for both bifurcated and unbifurcated 
waves, and the pressure gradient tends to increase with increasing shock strength. The initial 
rapid rise of static pressure is followed by a more gradual gradient further downstream. The 
intensity of surface friction falls off rapidly behind the upstream shock-wave toe and reaches zero 
a t  the higher shock strengths. At lower shock strengths the intensity of surface friction recovers 
after a fall to a minimum value a little downstream of the shock-wave toe. 

The work (Ref. 11) includes the results of static and pitot axial traverses at  various distances 
from the plane wall, and of lateral traverses downstream of the interaction. The theory of 
bifurcated shock-waves in inviscid flow is also discussed. 

It is important to differentiate between phenomena associated with shock-wave-boundary- 
layer interaction and those associated with a finite supersonic region. In the work of Fage and 
Sargent, the flow was supersonic across the whole tunnel upstream of the breakdown shock-wave, 
but in some of Ackeret’s experiments and in Leipmann’s experiments the supersonic region was 
finite and formed by the local acceleration on a curved surface. In some of the latter experiments 
(examples may also be seen in some of the photographs Fig. 4 to 18) forward inclined waves were 
observed. These cannot arise directly from shock-wave-boundary-layer phenomena and must be 
attributed to reflections from the sonic boundary of the supersonic region of disturbances 
originating upstream, or to disturbances entering the supersonic region from the surrounding 
subsonic flow. 

3.2.11. Boundavy-Layev SUction.-Since a large part of the drag rise associated with the shock 
stall of an aerofoil appears to be due to the thickening or separation of the boundary layer at 
the shock-wave it might be anticipated that a reduction of drag could be achieved by the appli- 
cation of boundary-layer suction in this region. If the air thus removed is compressed and 
discharged at  the free-stream density p ,  and velocity U ,  it can be shown that the effective total 
drag (allowing for the work done by the compressor) will be less than the drag of the aerofoil 
without suction if 

D - D s - ( F )  U0 B ( ~ )  U0 ’ . .  . .  . .  . . (2) 

where D is the aerofoil drag without suction, D, the drag with suction, E the work required per 
unit time to raise the velocity and pressure of the suction air to the conditions of the jet exit and 
E, the work done in unit time in overcoming the losses in the ducting system. By dividing by 
the dynamic head based on the free-stream conditions equation (2)  may be written 

c, - CDS - c, > c,, . . .  . .  . .  . . (3) 

Fage and SargenP5 have investigated the problem in the 5 x 2-in. tunnel using an aerofoil of 
2-in. chord and N 2030 section. The adjustable walls of the tunnel were used during the experi- 
ment to minimise wall interference. The aerofoil was fitted with a forward-facing slot 0.035-in. 
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wide on one surface of the aerofoil ; the lips of the slot were inclined at  45 deg to the chord line 
The drag was measured by total-head and static-pressure traverses of the wake one chord behind 
the trailing edge. 

In Fig. 73, the variation of CD, with the suction quantity is shown at  two Mach numbers above 
the critical for drag rise. The suction quantity is plotted in the dimensionless form ~ " Z , ~ , U , C ,  
where m, is the mass of air removed per unit span in unit time and c is the aerofoil chord. The 
drag coefficient falls at first with increase of the suction quantity but approaches a steady value 
beyond which further increase of suction is ineffective. The variation of drag coefficient with 
and without suction is plotted in Fig. 74 as a function of Mach number. The Reynolds number 
of these experiments was of the order of 0 - 7  x 10' and it is, therefore, difficult to assess the power 
economy which may be produced by suction at  the more favourable higher Reynolds numbers of 
flight. Nevertheless, the fact that (C, - C,J in the experiment was of the same order as C, 
suggests that power economy would be possible at  higher Reynolds number. 

In R. & M. 2127177'178 Fage and Sargent discuss the optimum entry shape of a two-dimensional 
suction slot for assigned values of the slot angle and rate of flow. The cases of both laminar and 
turbulent boundarylayers at low speeds are considered, and the shape of the slot entry for 
turbulent boundary-layer suction at high speeds is discussed. 

It should be noted that because of the loss of total head in the boundary layer, the mass flow 
of air required to choke the slot is less than that predicted by the assumption of an isentropic 
flow from the free-stream total-head conditions. Thus, Pearcey and Rogers have found in some 
experiments on a Griffith aerofoil that the ratio of the former to the latter quantity was 0.90 at  
M = 0 - 4 and 0 - 78 at M = 0 - 6. The Griffith aerofoil was of 9-in. chord and symmetrical section 
22 per cent thick. It was tested at  zero incidence in the 20 x 8-in. tunnel and had suction slots 
at  0.75 chord. The drag was determined by the pitot-traverse method and estimates were made 
of the power absorbed by the compressor (ignoring duct losses) from measurements of the mass 
flow of suction air and the static pressure in the slot. Examples of the experimental results are 
given in Fig. 75 at  a Mach number of 0.80 (Merit = 0.65). The lip radii of the two slots differed 
in the experiment, but th.e figure has been drawn for an aerofoil with two similar slots corre- 
sponding to the smaller lip radius. The estimated compressor power increases almost linearly 
with suction, and the combined drag (CDs $- C,) rises to a maximum and then falls to a minimum 
which is less than the drag without suction. Below the shock-stall the suction quantity for 
minimum drag increases with increase of Mach number. Thus, referring to the surface considered 
in Fig. 75; the suction quantity increased from 0.6 times the theoretical mass flow in the laminar 
boundary layer at  M = 0.4 to 0.96 times this quantity at Af = 0.6. The theoretical and 
experimental velocity distributions in the neighbourhood of the slot are compared in Fig. 76 and 
the agreement (with suction) appears to be satisfactory. 

As in the earlier work of Fage and Sargent discussed above, the Reynolds number of the 
experiments with the ,Griffiths aerofoil was considerably below th.e full-scale value. However, an 
extrapolation to a Reynolds number of the order of 20 x 10' suggests that suction may be 
beneficial, but that the economy will be somewhat smaller at  Mach numbers approaching the 
critical value than at low speeds. This extrapolation assumes that the boundary layer may be 
maintained laminar over the major part of the aerofoil ahead of the slot and, in common with 
conventional low-drag aerofoils, this may prove difficult in practice. 

The proposed 18 x 14-in. tunnel, for which the.stagnation pressure may be increased to three 
atmospheres, will be considerably more satisfac.tory for suction experiments than the atmospheric 
20 ?< 8-in. tunnel, and it is hoped to continue the work discussed above in the 18 x 4-in. tunnel 
when it becomes available. 

' 

3.2.112. ContvoZs on Subsonic AevofoiZs.--In 1941 an investigation of the efficiency of a conven- 
tional control surface was undertaken in the 1 ft tunnel using the three-component electric balance. 
The aerofoil tested was of E C  1240 section fitted with a control surface whose hinge line was at 
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59.5 per cent of the aerofoil chord from the leading edge. The aerofoil control combination was 
intended to represent a tailplane and elevator. The aerofoil was of 2-in. chord, and both aerofoil 
and control completely spanned the tunnel. In the original tests the gap between the aerofoil 
and control was not sealed and it was found that no serious loss of control (as measured by 
a, = dC,/d.i7) occurred until a Mach number of 0-75-0-78 was reached. In later tests the gap 
was sealed, and this was found to lead to an increase of a, of 40 per cent at  A4 = 0.4, and 60 per 
cent at  M = 0.7. Loss of control was foiind to occur at about the same Mach number as in the 
gap-open condition. \Vith the gap open a, was practically independent of Mach number at  a value 
3.0 from M = 0.45 to 0.73, but with the gap sealed the value of a, was closely represented by 
the equation 3.6/(1 - M2)lj2, following the Glauert formula, over the Mach number range 0.4 
to 0.7. Above M = 8.78 the value of a, fell rapidly reaching about one-half its low-speed value 
at about M = 0.81 in both the gap open and sealed conditions. A diagram of the aerofoil and 
control tested is given in Fig. 77, and a comparison between the values of a, for the gap-open and 
sealed conditions is given in Fig. 78. A detailed description of these experiments, which include 
moment and drag observations, is given in Ref. 180 and R. & M. 2227181,183,183. 

A clearer insight into the mechanism of loss of control at high Mach number may be obtained 
from an examination o i  the results of pressure-plotting experiments. Such experiments have 
been made in the 20 x $-in. tunnel with an aerofoil of EC 1250 section fitted with a 25 per cent 
control surface. The aerofoil had a 5-in. chord, and both aerofoil and control completely spanned 
the working section of the tunnel between the two glass walls. These experiments, described in 
Ref. 184 and R. & M. 2O6SE5, were made for an incidence range (a) f 6 deg, and a control angle 
(7) 2 8 deg up to a Mach number of about 0.85. The adjustable tunnel walls were used in the 
normal way to minimise interference, and the pressure-plotting observations were integrated to 
give lift, pitching moment, form drag and hinge moment. A small number of drag measure- 
ments by the wake-traverse method were made at low speeds, and at  each incidence and control 
angle the critical Mach number for drag rise was determined. A sketch of the aerofoil and control 
section is given in Fig. 79. The control used was of a convex section, but it is proposed* to repeat 
the experiment with a concave (' hollow ground ') control. 

The experiment involved some 60,000 pressure observations, giving about 1000 complete 
pressure distributions. It was not, therefore, possible in the original published account of the 
experiment to include all the pressure distributions, and it is necessary here to give only a few 
examples. 

The experiments indicated clearly the mechanism of the loss of control at high Mach number. 
Fig. 80 shows typical pressure distributions at a = 2 deg and for 77 = 0 and 4 deg, at two 
Mach numbers one of which (0.68) is below the shock stall, and the other (0.84) above the shock 
stall. The diagram for M = 0.65 shows that a movement of the control surface produces a 
change of the pressure distribution over the whole aerofoil leading to large changes of overall 
force. Above the shock stall ( M  = 0.84), however, a movement of the control has no effect on 
the pressure distribution over the forward part of the aerofoil. In this case, the change of overall 
force will be small and, the control ineffective. This phenomena may be explained physically by 
noting that, when the velocity is everywhere subsonic, the information that the control has been 
moved is communicated to all parts of the aerofoil (i.e., the effective camber of the whole aerofoil 
is changed). If a region of supersonic velocity exists close to the aerofoil surface, however, this 
information is trapped at the rear of the supersonic region, and the control has little influence on 
the pressure distribution upstream of this point. This argument is summarised in R. & M.20651E5 
by the remark that the shock-wave on the aerofoil surface has a masking effect on the control. 
The loss of control efficiency is illustrated by Fig. 81 in which the quantities a, and a, are plotted 
as functions of Mach number. Fig. 82 shows the variation of the quantities aC,,/ao: and aCJf/a77 
with Mach number. 

4: These further experiments have now been made (August, 1949). 
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The observed loss of control dces not imply a reduction of the heaviness of the control, since 
even with an inefficient control, the pressure changes on the control itself produced by a control 
movement may be considerable. Indeed, Fig. 83 indicates that the quantity b2( aC,/a~i) begins 
to increase rapidly at  about the same Mach number as that at  which loss of control 1s observed. 
The experiment, therefore, indicates that whilst at high Mach number elevator (or aileron) control 
is lost, the control may also become heavy. It was also concluded- from the: experiment that the 
use of an all-moving tailplane (of EC 1250 section) would postpone loss of control to above 
n/f = 0.85. 

The results may not be generally applicable since it is known that a control of convex shape 
may give undes,irable features even at  low speeds. In consequence, it is proposed to test the 
came aerofoil with a modified control, first concave and afterward.s flat sided. 

3.2.13. Tests xith R m k e  Flaps.- A limited number of measurements were made at  the request 
of the R.A.E. on aerofoils fitted with brake flaps in connection with the design of the Gloster 
F9/40 (Meteor) aeroplane. Because of the limited nature of the experiments it js not possible to 
draw many general conclusions from them. 

Force measurements 
were made in the 12-in. diameter tunnel with a 2-in. chord model of EC 1240/0640 section, and the 
flow pattern photographed in the 20 Y $-in. tunnel with a S-in. chord model of (uncambered) 
EC 1250 section. The flap span 
used in the experiments was 0 . 3  of the aerofoil chord, and six flaps were used a t  equal spacings 
along the 12-in. aerofoil span (Fig. 84). The geometry of the plain aerofoil and of the flap combi- 
nations tested is also shown in Fig. 84. One series of experiments with a dive-recovery flap (D) 
was made, and the results are included in Figs. 85. 86, 87. Fig. 85 shows the change of lift, 
pitching moment and drag coefficients produced by the addition oi the flaps to the aerofoil at 
three incid-ences and a range of Mach number. Fig. 86 shows the influence of the flaps on the 
quantity ~ ( L I  CL)/acc, and Fig. 87 on the position of the aerodynamic centre expressed as aC,,,/aC,. 

A photograph of the wake and shock-wave pattern behind flay combination G (Fig. 84) on 
aerofoil EC 1250 at a Mach number of 0.78 is shown in Fig. 88. As in the case of most bluff bodies 
(compare circular cylinder, section 3.2.17 and Fig. 99) shock-waves form well aft of the body on 
the wake. The widening and unsteadiness of the wake and the presence of shock-waves may 
have an influence on a tailplane situated downstream of the mainplane. This was the subject 
of a continuation of the experiments described above (and in R. & M. 22111s6) and is reported in 
Ref. 188 and R. & 14. 22llIs7. 

In the earlier series of  experiment^'^^ a 5-in. chord aerofoil model of E C  1250 section was used 
with 20 pressure holes in the suriace. Both upper and lower-surface flaps were at  0 . 6 5 ~  from 
the leading edge. Five flap combinations were investigated, and are shown in Fig. 89. Surface- 
pressure measurements were made over a range of Mach number to assist in stressing the flap 
and aerofoil skin. The results of these observations are reported in R. & M. 2211187, and, besides 
furnishing stressing data, give, together with the wake traverses described below, a clearer insight 
into the mechanism of operation of the flaps than do the overall force coefficients reported in 
R. & M. 22111s6. 

Explorations of the wake at  1, 1.2 and 2.25 chord behind the trailing edge of the aerofoil, were 
made for all five flap combinations over a range of Mach nurnbeF7. It was found that apart from 
flap combination A (Fig. 89) the width of the wake did not increase very greatly with increase 
of Machnumber up to a Mach number of 0.8. It 
was observed that small changes of the flap angle had little influence on either the pressure distri- 
bution round the aerofoil or the wake width. 

In Ref. 188, the results of tests made with a simplified complete model of the Gloster F.9/40 
in the 20 x 8-in. tunnel are reported. The purpose of the experiment was to investigate changes 
of trim at high speeds due to interference of the mainplane and brake flaps, on the tailplane. 
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No pressure distributions were measured in these early tests. 

Above this value the wake broadeiied rapidly. 



A sketch of the model tested is given in Fig. 90. The mainplane was of 5-in. chord and EC 1250 
section mounted between the tunnel walls and fitted with model nacelles and a model fuselage. 
The tailplane was of 2-in. chord and E C  1240 section, and completely spanned the tunnel. The 
tailplane was mounted 0.52 chord above the mainplane in order to minimise the influence of the 
mainplane wake, but the preliminary wake traverses described above had indicated that, at  high 
Mach numbers this distance might not be adequate. The flexible walls of the tunnel were used in 
each experiment t o  give conditions approximating t o  the free-air case. 

Photographs were taken by a direct-shadow method of the flow in the region of the tailplane 
for a range of Mach numbers without flaps, and with three flap settings. Static-pressure distri- 
butions were measured close to the tailplane surface. Typical results, shown in Fig. 91, indicate 
an increase of suction on the upper surface and a decrease on the lower surface with increasing 
flap angle. These measurements were integrated to give the lift coefficient of the tailplane 
(Fig. 92) but these values are of limited accuracy. 

The general conclusions of this series of investigations were : 
(a) The Mach number at which shock-waves first appear on the tailplane is little affected by 

the presence of brake flaps on the mainplane. 
(b) As the flap angle increases there is a tendency for the shock-waves on the tailplane to 

become less intense for a given free-stream Mach number. 
(c) The flaps appear to produce an appreciable change of force on the tailplane at Mach 

numbers in excess of 0.8 accompanied by an oscillation from M = 0.78. 
(d) The chordwise oscillation of the shock-wave on the tailplane seems to be related t o  move- 

ments of the wake of the brake flaps as indicated by trails of condensed moisture. This 
suggests that buffeting will be experienced on the tailplane at  Mach numbers above 
0.78 accompanied by oscillating loads on the control surfaces as the shock-wave and 
breakaway crosses the hinge line and moves along the elevator chord. At  Mach 
numbers above 0.8 a loss of control effectiveness is to be expected as the flow has broken 
away over most of the elevator surface. At the same time, the shock-wave appears 
to become more stable, and the oscillation should, therefore, diminish. 

3.2.14. Fin-Tailplane Interfereme.-- It is to be expected that a loss of tailplane efficiency will 
occur at  high speeds due to interference between the rudder fin and the tailplane surface. This 
may be explained physically on the basis that local high-velocity regions will occur, giving rise 
to  local shock-waves before the main shock stall of the whole tailplane occurs. 

A limited number of tests were made in the I-ft diameter tunnel with a rudder fin attached to 
the centre of an aerofoil supported in the electric balance and completely spanning the tunnel at 
the working section. The aerofoil was of EC 1240 section and of the normal 2-in. chord and the 
rudder was of E C  1040 section. A sketch of the model tested is given in Fig. 93. It appears 
that the most striking effect of the addition of the fin is the loss of lift at high speeds. This is 
illustrated in Fig. 93. A full account of the experiment is given in R. & M. 2138187 which includes 
drag and moment observations. 

3.2.15. Sharj5-Nosed Aerofoils at S.ubsonic Speeds.-It is well known that the most efficient 
aerofoil sections at supersonic speeds have sharp leading and trailing edges. If such aerofoil 
sections are t o  be used for supersonic flight, their performance during the accelerating and 
decelerating regions of subsonic flight before and after the supersonic velocity is achieved is of 
interest. In  particular, the maximum low-speed lift coefficient is of great importance in assessing 
the take-off and landing characteristics of the proposed aircraft. 

Experiments have been made in the 1-ft diameter tunnel to investigate the performance of 
a 7$ per cent biconvex aerofoil and an 8.7 per cent faired double-wedge aerofoil (Fig. 96) at 
subsonic speeds. The tests were subject to the usual restriction of Reynolds number, but it may 
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be that the effect of Reynolds number on the stalling characteristics (and maximum lift coefficient) 
of a sharp-nosed aerofoil will not be large. That this is so at low Mach number has been 
demonstrated by some m e a s u ~ e m e n t s ~ ~ ~ J ~ ~  in the Compressed Air Tunnel. The low-speed stall 
for both aerofoils was found to be gentle, and to occur at  a lift coefficient of about 0.7 which is of 
the same order as that achieved by conventional symmetrical aerofoils, at  the same Reynolds 
numb er. 

The double-wedge aerofoil had a low-speed drag coefficient at zero incidence of 0.008; the 
corresponding value for the biconvex aerofoil was 0.009. For both aerofoils, however, it was 
found that the drag rose rapidly with increase of incidence. The variation of lift coefficient with 
incidence and Mach number for the faired double-wedge and biconvex aerofoils is shown in 
Figs. 94(a) and 94(b). Corresponding drag curves for the faired double wedge are given in Fig. 95 
and for the biconvex aerofoil in Fig. 107. The maximum low-speed lift-drag ratio for both 
aerofoils occurs at a lift coefficient between 0.2 and 0 . 3  and is about 13 for the double wedge 
and 18 for the biconvex aerofoil. The variation of moment coefficient with incidence and Mach 
number for the faired double wedge is shown in Fig. 96 ; no unusual effects are visible. 

3.2.16. Swee$-back.-The concept of the use of sweep-back at  high speeds was not fully 
appreciated in this country until the results of German investigations became available at  the 
end of the war (1945). The original suggestion has been attributed to Busemann (see, for example, 
Ref. 20). The use of sweep-back (or sweep-forward) has long been contemplated in connection 
with tailless aircraft, and some data on the performance of wings of this plan form at low speeds 
have been available for several years. 

Referring to Fig. 97 which shows a wing of infinite aspect ratio in an airstream normal to the 
span, it would appear that, in the absence of viscosity, the flow pattern will not be altered 
by moving the aerofoil at  any velocity in a spanwise direction. If this is done the resultant 
velocity of the airstream relative to the aerofoil is at an angle y to the span and of a greater 
magnitude than the chordwise component. Thus, in an inviscid fluid the component Mach 
number along the chord of an infinite yawed aerofoil will be MO cos yj, where MO is the free-stream 
Mach number and y the angle of yaw. This argument forms the basis for the suggested use of 
sweepback at  high speeds since by the use of sufficient yaw the chordwise component of the 
Mach number may be kept below the critical values for drag rise and stability changes, at  all 
free-stream Mach numbers. Thus, many of the more violent compressibility effects may be 
postponed to higher speeds by sweepback. 

In practice, the theoretical increase of free-stream Mach number for drag rise is limited by the 
effects of viscosity, and the finite aspect ratio of the wing. In  particular, a high local drag may 
occur at the centre junction of two swept-back wings, and outward flow of the boundary layer 
towards the tips may cause tip stalling. The reduction of the drag of the wing junction by 
the addition of a suitably designed fuselage has been the subject of some investigations. 

At the N.P.L. tests have been made on two wings completely spanning a rectangular tunnel, 
and the variation of the profile-drag coefficient with free-stream Mach number is compared with 
the unyawed case in Fig. 97. Curves are added for the theoretical drag of the yawed wings deduced 
from the measurements of the drag of the unyawed wing. The curves do not, therefore, 
completely ignore the skin-friction drag component, but assume that this coefficient is not 
altered by the addition of yaw to the wing. It is seen that the measured drag curve for the yawed 
wing shows a rise at  a Mach number which is higher by about 0.8 of the increase for the 
theoretical yawed case. Curves are also given for one aerofoil section in Fig. 97 for two different 
chord lengths, and the agreement between the two curves shows that the influence of tunnel 
interference and Reynolds number over the experimental range is small. For the other aerofoil, 
drag curves for two different relative humidities at the tunnel intake are given, and it appears 
that the influence of humidity is considerable, although the discrepancy below the shock-stall 
can hardly be explained on this basis. 
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More detailed discussions of the use of sweepback at high speeds will be found in Ref. 20, 197, 
Some of the more interesting German experimental results are reported in Refs. 199, 200, 198. 

201, a short abstract from the latter is given in Ref. 196. 

3.2.17. Experiments with a Circular Cylinder at High Number.-The variations of pressure 
distribution and drag of circular cylinders of infinite aspect ratio with Reynolds number and 
turbulence have been investigated at low Mach number by many workers. It is well known 
that with increase of Reynolds number from a low value the drag coefficient falls rapidly to a 
minimum value of about 0.95 at  R = 1800, and then rises to about 1 - 2  at R = 3 x 104. A 
marked fall then occurs from 1.2 to about 0.36 at about R = 105. The value of this critical 
Reynolds number is dependent on the turbulence of the airstream. Above this Reynolds number 
further increase produces a gradual rise of drag coefficient. A detailed discussion of these 
phenomena is given in Ref. 202. 

The pressure distribution and drag of a circular cylinder were measured by Stanton in 1928 at 
Mach numbers varying from 0.25 to 0.7, and from 1.4 to 2.1 in a 3-in. diameter tunnel. The 
experiments were made at  a constant Reynolds number of 20,000 (around which value the drag 
coefficient is not sensitive to R) ,  but no corrections were applied for tunnel-wall interference. 
Stanton found that the drag coefficient rose slowly in a continuous curve up to his limiting subsonic 
Mach number of 0.7, and then fell continuously over the Mach number range 1.4 to 2 .1  to a 
value little above the low-speed value. 

Knowler and PrudenZo3 measured the drag of a number of cylinders (varying in diameter from 
3/16 to 1 in.) on the balance of the 1-ft diameter high-speed tunnel up to Mach numbers of the 
order of 0.85. It was not possible to apply the usual corrections for wall interference, and a 
method of correction was adopted which did not permit the influences of Mach number, Reynolds 
number and wall interference to be separated. These experiments were continued in the 
20 x 8-in. tunnel in which the flow patteyn was photographed by a direct-shadow method. The 
form drag was deduced from pressure distributions measured in this tunnel. The experiments in 
the 20 x 8-in. tunnel were confined to a single model of 3/8-in. diameter, and the Reynolds number, 
therefore, varied as the Mach number was adjusted. The skin friction drag of a circular cylinder 
is probably negligible for Reynolds numbers exceeding about 10,000, and no profile-drag measure- 
ments were made in the 20 x 8-in. tunnel tests. Several assumptions on which the usual method 
of profile-drag measurement by wake traverse depends will probably be no longer valid for models 
similar to the circular cylinder. In particular, the assumption of constant stagnation temperature 
across the wake may be dubious. 

The measurements of Knowler and Pruden (Fig. 98) show the initial gradual rise of drag 
coefficient with increase of Mach number observed by Stanton, and also a sudden fall of drag 
coefficient at  a Mach number between 0 .6  and 0.7 followed by a steeper rise. The Reynolds 
number at  which this drag-coefficient fall was observed was in every case of the order of 105, the 
logarithm of the Reynolds number for drag fall varying from 4.8 to 5 .4  for cylinders of different 
size in the 1-ft tunnel and the 3/8-in. diameter cylinder in the 20 x 8-in. tunnel. This Reynolds 
number range is approximately that in which the critical Reynolds number might be expected 
to occur at  low speeds, Whilst, therefore, the observed drag-coefficient fall is attributed in 
R. & M. 1933203 to the influence of Mach number alone, it appears that it may be due to the 
variation of Reynolds number as well. 

The drag coefficient measured in the 1-ft diameter tunnel and corrected for wall interference 
by the method described in R. & M. 205816s is plotted as a function of Mach number in Fig. 98. 
Stanton's balance measurements are included for comparison. A curve of the drag coefficient 
deduced from measurements of the normal pressure round a 3/8-in. diameter cylinder in the 
20 x 8-in. tunnel is included together with values obtained by Stanton by a similar method. The 
flexible walls of the 20 x 8-in. tunnel were used during the tests to minimise the wall interference. 
The variation of normal pressure for the 3/8-in. diameter cylinder is given in R. & M. 1933'03. 
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Photographs of the flow pattern observed in the 20 x 8-in. tunnel at  varying Mach number are 
shown in Fig. 99. It appears that the investigation is incomplete particularly because the 
effects of Reynolds and Mach numbers have not been separated. Experiments with cylinders of 
different diameter giving a wide range of Reynolds number in the 20 x 8-in. tunnel, where the wall 
interference may be minimised, would, therefore, be of considerable interest. 

3.2.18. Velocity measuring instruments.-If 9 is the true static pressure, and H the total head, 
it may be shown that in an isentropic flow 

. .  . .  (4) 

. Expanding, by the-binomial theorem, this expression may be written 

H - P = $ p V z ( l + $ M 2 +  : . . ) ,  . .  . .  . .  . .  - * (5) 

.. . .  . .  * .  (6) H -9 +pV2. .. . .  . .  
which, for small values of the Mach number ( M )  gives the well-known relation 

Provided the Mach number is less than unity, the stagnation pressure measured at  the mouth 
of a pitot-tube placed in a dry airstream is, to a high degree of accuracy, equal to the total head. 
Difficulty may be experienced in practice, however, in the measurement of static pressure (9) with 
instruments of the pitot-static type at high Mach numbers because of the formation of shock- 
waves at  the rear of local regions of supersonic velocity ahead of the static holes (Fig. 100). 

In  1936, a standard type of pitot-static instrument (Mark VA) with static holes 5.5 diameters 
behind the nose, and two other instruments one with a pointed nose and static holes 6.7 diameters 
downstream, and the other with a hemispherical nose and static holes 3 .2  diameters downstream 
were tested in the N.P.L. I-ft High Speed Tunnel. No error in the measurement of static pressure 
(as compared with the pressure i t  alhole in the tunnel wall) was observed up to a MachLnumber 
of 0.72. 

In 1940, these tests were continued on two Mark VIII instruments (C and D). This type of 
instrument is of larger diameter than Mark V because electrical heating elements have been 
added. The tests were extended to a Mach number of about 0.8, and it was found that if the 
true velocity is given by the expression : 

H - p p ' = K -  ;pv2 ( 1 + $MZ + . .  . ) ,  . . . .  
where p' is the observed static pressure, the value of the factor K may be expressed in terms of 
the low-speed correction factor KO by the empirical equation 

. .  * (8) K/K,  = (1 - M y , ,  , .. . .  .. .. 
to an order of accuracy of 0.1 per cent up to a Mach number of at least 0.8. 

A more comprehensive series of experiments including an investigation of the influence of yaw 
is described by Walchner in Ref. 206. It is concluded in this paper that up to a Mach number of 
0.95 and a yaw of 10 deg, the insertion of the observed pitot and static pressures in equation (5) 
and taking the expansion up t o  the term in M z  would give the velocity correct to f l  per cent. 
The pitot-static instrument of Walchner's experiments was not unlike the Mark VIII instrument 
tested at the N.P.L. 

A further systematic series of 'tests were made at  the N.P.L.222 in 1943, in which the effects of 
nose shape and static-hole position were investigated together with the influence of a support 
downstream and of a bulge similar to that of the Mark VIII (Avimo) A & B type instruments. It 
was found that up to a Mach number of 0.95 there was no advantage t o  a pointed nose over a 
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round nose, and that the standard Mark VIII A & B instruments were satisfactory up to a Mach 
number of 0.9. The Mark VIII C & D type instruments were found to be unsatisfactory at  Mach 
numbers greater than 0. S5 unless the correction described above is applied. 

A t  supersonic speeds a shock-wave will occur ahead of the pitot tube. Provided, however, 
that the wave is plane and normal to  the direction of motion over the region of the pitot orifice, 
it is still possible t o  deduce the true total head from an observation of the pressure at  the mouth 
of the pitot-tube by the use of the Rayleigh c~rrec t ion~~.  The measurement of static pressure 
may, however, still prove difficdt. 

32.19. The Measzzremeizt OJ Surface TemPeraLurc.- Surface-temperature measurements have 
been made in the 12-in. diameter tunnel on flat plates, circular cylinders, streamline-strut sections, 
and an aerofoil of N.2030 section. The experimental technique for the latter model is described 
in Ref. 219, section 2.21, and was similar for the other models. It should be noted that, at the 
time when these experiments were made, the tunnel intake was from the atmosphere, arid all 
observations are therefore subject to an unknown extent to the influence of the condensation of 
atmospheric humidity. Such effects were particularly pronounced at the higher tunnel speeds. 

Flat Plates.-Experiments with flat plates, streamline struts and circular cylinders were 
For a laminar boundary layer on a thin made by Hilton in 1937 and are reported in Ref. 207. 

flat plate placed along the stream Pohlhausen has shown that 

.. . .  .. . . - (9) 

where T is the free-stream temperature and T, the surface temperature, G is the Prandtl number 
pC,/k, where ,U is the viscosity, k the thermal conductivity and C, the specific heat at constant 
pressure ; M is the velocity outside the boundary layer and j ( o )  depends on a function tabulated by 
Blasius. 

Since it is difficult to measure T ,  equation (9) is transformed to an expression in terms of To 
the stagnation temperature on the assumption of an isentropic expansion up to the working 
section :- 

d T = T 0 - T  -- M2 [ I - -  ")]. . .  . .  -2c* . .  

Flat dates of ' Tufnol ' of 2-in. chord and of thicknesses varying from 1/8 to 5/16 in. were used, the 
leadihg and trailing edges being rounded. Thermo-junctions at  1/3 and 2/3 of the chord from 
the leading edge were used in the experiment. Excellent agreement was obtained between the 
experimental and theoretical values of the slope of the curve of 6 T plotted as a function of u2 for 
the thermo junction at  l/Schord, but the experimental value for the 2/3-chord thermo-junction 
was found to  be considerably less than the theoretical value. This is attributed to a transition 
from laminar to tubulent flow in the boundary layer between the two thermo-junction positions. 

Streamline Bars.-Equation (10) was written in the form 
. -~ 

. .  1 .  . .  . .  :. . (11) 

where M is the free-stream velocity and n M  the local velocity a t  any point. The models used were 
of metal, so that the effects of conduction were appreciable, nevertheless good qualitative agree- 
ment with theory was obtained at  low speeds. As the speed was raised, however, it was found 
that the linear relationship between d T  and U' suddenly broke down and for a small range of 
velocity the slope of the curve changed sign. This phenomenon was attributed to the appearance 
of a shock-wave on the aerofoil surface and is further discussed in R. & M. 223OZo3. 
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Circzzlur CyZin.der.-It was found that the surface temperature at  the front of a ‘Tufnol’ 
cylinder was close to the stagnation temperature and that at the rear only about 10 per cent 
different from the free-stream static temperature. Thus a circular cylinder placed across the 
stream is an unsatisfactory shape for the thermometry of moving fluids since the temperature 
taken up will depend on the thermal conductivity of the cylinder. 

NACA 0020.-Sq~ire’~~ has shown that for a laminar boundary layer 

. .  . . (12) 

where B T is the difference between the surface temperature T,  and the free-stream temperature T ,  
uL is the local velocity outside the boundary layer, and zz the free-stream velocity. Variations 
of density across the boundary layer are neglected in the derivation of this expression which is, 
therefore, strictly applicable at low speeds only (say M <: 0.5). For a turbulent boundary layer 
the value d3 is recommended in place of aliZ in the light of previous experimental evidence. 

Measurements with the aerofoil model described above have been compared with the expression 
given by Squire up to high Mach numbers in R. & M. 223OZo8, despite the strict applicability of 
the theory to low speeds only. As the model could not be pressure plotted, the local velocity was 
determined by Goldstein’s theory corrected by the application of the compressibility factor given 
by von K&rm&n. The results are expressed in terms of a temperature coefficient CO given by 

a .  . .  (13) 

The general conclusion of the experimental work was that owing to the magnitude of the 
experimental errors (chiefly the effects of humidity) the observations did not confirm or deny the 
theory. Fig. 101 shows a typical set of 
curves for the variation of CO along the surface of the aerofoil at  varying Mach number. Theoretical 
temperature distributions for laminar and turbulent boundary layers are added at  all Mach 
numbers below the (first) critical. Since the quantity CO will be unity when the surface tempera- 
ture is equal to the free-stream stagnation temperature, and zero when the surface and free-stream 
temperatures are equal, positive values of CO indicate a heating effect above the local temperature 
just outside the boundary layer. 

It is generally agreed that this\dynamic heating effect may prove a major problem in the 
operation of aircraft at very high speeds, and for completeness Fig. 102 is included to show the 
variation of stagnation temperature with flight speed, at  different altitudes in the standard 
atmosphere. The problem of dynamic heating is also important in connection with de-icing 
problems. 

It is hoped to 
repeat the work now that the tunnels have been fitted with retiirn ducts and dry air may be used. 

3.3. Experiweucts at Supersonic Speeds.-3.3.1. Szz+erso.Yzic Tests on. Slzavp-Nosed Aerofoils.-- 
Several aerofoils have been tested in the 12-in. diameter and the 5 x 2-in. tunnels at super- 
sonic free-stream Mach numbers. 

Nevertheless, several points of interest were noted. 

The experiments discussed above are described in detail in R. & M. 223OZos. 

3.3.1.1. Tests with 3-com$oi~len.t baZan.ce.--Z-in. chord models of biconvex (7+ per cent thick), 
faired double-wedge (8.7 per cent) and double-wedge (6 per cent) section have been tested in the 
I-ft diameter tunnel at  a Mach number of about 1 - 4  and some of the thinner sections also at  
M = 1.2. In general, the experimental results for lift are in good agreement with Ackeret’s 
theory, the experimental drag is somewhat higher than that calculated from theory (due to the 
skin-friction drag) and the experimental position of the centre of pressure differs slightly from 
that calculated from the Busemann theory. 
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The variation of the lift, drag, and quarter-chord pitching-moment coefficients are plotted as 
functions of incidence at  free-stream Mach numbers of 1.25 and 1.46 for the biconvex aerofoil in 
Fig. 103. The centre of pressure 
position is tabulated in this figure and agrees approximately with that cdculated by the Busemann 
theory. Similar curves for the 8.7 per cent faired double-wedge aerofoil at  M = 1 45 are given 
in Fig. 104 and at  M = 1-21 in Fig. 105. The lift slope is consistent with that for the biconvex 
aerofoil, but the quarter-chord moment and centre-of-pressure position are not in agreement with 
theory. The centre-of-pressure position is compared with theory in Fig. 106. Observations 
with the 6 per cent double-wedge aerofoil are discussed in section 3.3.3 below. The variation 
of lift and drag coefficient with Mach number for the 74 per cent biconvex aerofoil over a Mach 
number range 0.35 to 1-45 is shown in Fig. 107. The Mach number range 0-85 to 1-25 is not 
attainable in the 1-ft diameter tunnel with a model present, and the curves are therefore broken 
over this range. Similar curves for the faired double wedge (8.7 per cent) are given in Fig. 108. 
The variation of the position of the centre of pressure over the same Mach number range is shown 
in Fig. 109 for the biconvex aerofoil. The lift-curve slope for the faired double-wedge aerofoil is 
given in Fig. 108. 

Curves of the lift/drag ratio are appended to the.lower figure. 

3.3.1.2. PYesswe-$lottivg and jlow-uisualizatiofi ex$erirvLzents.-Two-dimensional tests on two 
sharp-nosed aerofoils at a supersonic Mach number have been made in the 5 x 2-in. tunnel. One 
aerofoil was of single-wedge section with a semi-angle 3.6 deg, and the other a double-wedge (rhom- 
bus) of the same chord (1 in.) and semi-angle. A sketch of the tunnel and one of the aerofoil models 
is given in Fig. 110. The observations included photography of the wave pattern by a schlieren 
method, and measurements of the surface and base pressures in the case of the single wedge. 
This model had seven pressure holes in the surface with a single pressure lead through each 
supporting pin so that two pressure observations could be made simultaneously, the other pressure 
holes being sealed. The tests were made over an incidence range -6.5 deg to +7-S deg, the 
incidence sign being arbitrary for the symmetrical sections. 

The tunnel was fitted with effuser liners designed by Bailey and Wood's approximate method14'. 
This method was known to be unsatisfactory but a more exact calculation would probably have 
been unjustifiable since the tunnel was not fitted with a drier, and disturbances due to moisture 
condensation were always present. Because of these condensation effects (which varied with the 
humidity of the ambient air) the least satisfactory part of the experiment was the determination 
of the Mach number at  the ' test diamond '. Mean values of the wall pressure in this region were 
used to determine the Mach number, and the value thus obtained (1 - 40) was in good agreement 
with that deduced from the inclinations of the humidity waves when they were of small amplitude. 
The range of aerofoil incidence may be divided, theoretically, into three parts. Thus, if 8 is the 
inclination of the surface to the stream, considered positive when the stream deflection is 
compressive :- 

< 0 . For this case a Prandtl-Meyer expansion, or simple wave, will occur centered at  
the leading edge, and the stream will be deflected in the isentropic expansion until its 
direction is parallel to the surface. In  the limiting case 6 = 0 no change of stream 
direction will occur, and the pressure along the surface will be equal to the free-stream 
pressure. 

< 8 < y ,  where y' = 9.6  deg for the conditions of the present experiments. For this 
case a compressive deviation of the stream will occur through a single plane shock-wave 
attached to the nose. 

> 9.6 deg. For this case the shock-wave becomes detached and curved, and the 
subsequent flow rotational. 

Figs. 11 1, 112 show the observed surface pressures for the single wedge plotted as a function of 
The method by which the true aerodynamic incidence was found is described 

Curves 
stream deviation. 
in R. & M. 248Z4' and the values of incidence plotted in Figs. 111, 112 are correct. 
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calculated on the basis of exact inviscid theory are included in Figs. 111, 112 and it may be seen 
that the agreement with experiment is excellent over the greater part of surface-inclination 
range (b). 

The reason for this 
discrepancy is that the flow behind the nose shock-wave is subsonic, and because of the inclination 
of the aerofoil surface to the stream, the channel between the aerofoil and the tunnel wall is 
contracting and producing an acceleration. Thus the separation of the pressure curves at  
different points along the chord is Fig. 112, is an example of subsonic tunnel interference. In 
range (a), the agreement between theory and experiment is not as good as might have been 
expected, but here again the discrepancy may be attributed to tunnel interference. In this case 
the interference arises from the premature breakdown of the flow on the pressure side of the 
aerofoil ; the bow-wave becomes detached and disturbances of the flow on the suction side occur. 

3 deg, but 
rises gradually outside this range where it is subject to the wall interference discussed above. 
The boundary layers of the glass tunnel walls may leak into the aerofoil wake at  the base, and the 
base pressure observations are suspect for this reason. The pressures of Fig. I12 have been used 
to determine the lift and drag coefficients for the aerofoil. The base pressure is important in 
evaluating the drag, and, for this purpose, it has been assumed constant over the base; its 
contribution to the lift is negligible. The experimental values of lift and drag coefficient are 
plotted in Fig. 113 as a function of incidence. 

Above a = 3 deg the breakdown of the flow on the pressure side and the consequent modifi- 
cation on the suction side, due to tunnel interference, causes departures rrom theory. To extend 
the useful range of the experiment, it was assumed that the good agreement of the theoretical 
and experimental pressures over the range of e unaffected by tunnel interference is a sufficient 
check of the theory. Accordingly the results of Fig. 113 have been extrapolated on the basis of 
theory along the broken lines shown in the figure. There is no reliable theory of base pressure 
and the measured base pressure coefficient has been accepted in the calculation of the drag 
coefficient. At a = 4 deg the wave drag and base suctions provide equal contributions to the 
total drag, but at higher incidences the wave drag component is the larger. 

The agreement for lift between the ex&t theory and experiment is excellent, but there is a 
considerable discrepancy between these values and those obtained by the linearised Ackeret 
theory. This is of interest since good agreement with Ackeret’s theory has been obtained for 
lift by balance measurements in the 1-ft diameter tunnels on models with fore-and-aft symmetry. 

Schlieren photographs were taken with the knife-edge parallel to the chords of the aerofoils, 
and the angle of the bow-wave to the undisturbed stream was measured at  two stations, one close 
to the nose and the other as far away as possible without crossing the compression waves bounding 
the test diamond. The results for the single wedge are shown in Fig. 114(a) where the wave 
angles measured at  a distance from the surface are seen to he in good agreement with theory. 
Photographs of the flow round the single wedge are reproduced in Figs. 115 to 121 and it may be 
seen that the shock-wave on the suction side never disappears. This has been discnssed above in 
connection with the departure of the surface pressures from theory in range (a). The photographs 
show the progressive breakdown of the flow on the pressure side with increasing incidence. 

The observations here are 
less consistent than for the single wedge and the curvature of the bow-wave close to the leading 
edge is less pronounced. The photographs reproduced in Figs. 120 to 129 show that the flow 
breaks down at  an incidence about 3 deg greater than for the single wedge because of the reduced 
tunnel constriction at  the trailing edge. This constriction produces a tunnel interference effect 
on the pressure side of the aerofoil but, because the position of the bow-wave is changed, the 
suction side is also affected. The theoretical flow in range (b) is not reproduced, as over an inci- 
dence range of several degrees there are two weak shock-waves separated by an expansion. This 
is attributed to a local separation and re-attachment of the boundary layer (or a thickening of 
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The pressure is sensibly constant along the chord except in range (c). 

The observed base pressure remains roughly constant over the incidence range 

The wave angles for the double wedge are shown in Fig. 114(b). 



th: boundary layer followed by a thinning) close to the nose. This suggestion is supported by 
Fig. 129 where it is possible to follow the second shock-wave right up to the surface of the aerofoil 
a little. aft of the nose. In order to obtain a larger-scale picture of the flow at the leading edge, the 
tunnel breakdown shock-wave was forced slightly ahead of the model (Fig. 130). This flow bears 
no relation to free-air conditions, but provides a qualitative picture of the flow at the nose behind 
a normal shock-wave. 

3.3.2. Roud-Nosed Aevofoils nt Supevsonic Speeds.-For given thickness and lift, the drag of 
a sharp-nosed aerofoil at supersonic speeds is less than that of a round-nosed aerofoil. It may, 
however, be argued that, since at  subsonic speeds a sharp-nosed aerofoil may be ineffjcient, 
particularly on landing and take-off, an aerofoil with a round nose may be the best compromise 
for flight at subsonic and low supersonic Mach numbers. Moreover, structural considerations 
may prohibit the use of a sharp-nosed aerofoil. 

In Ref. 215 Hilton describes a series of experiments on conventional round-nosed aerofoils at  
supersonic speeds. The experiments were made with 2-in. chord models in the 1-ft diameter tunnel 
using the three-component balance. The models were originally intended for subsonic tests alone, 
and many of them had been tested very early in the life of the tunnel. They did not, therefore, 
represent a systematic series of profiles and contained a mixture of aerofoil and propeller sections. 
Ten aerofoils were tested at  M = 1.4 (I? = 0.81 x 10‘) and of these the two thinnest (4 per cent 
and 6 per cent) also at M = 1.2  ( R  =;: 0.S2 x 10‘). A 20 per cent aerofoil of 1.2-in. chord was 
also tested at  M = 1 - 4  ( R  = 0.49 x 10‘) over an extended incidence range. 

Both Busemann’s and Ackeret’s theory break down when the bow-wave becomes detached 
from the leading edge, and since the bow-wave is always detached from the leading edge of a 
round-nosed aerofoil, neither theory applied in this case. Hilton215 suggested a very simple 
method of calculating the force coefficients on such an aerofoil. The pressure coefficient at a 
stagnation point is readily calculated by Rayleigh’s so that the relation between 
pressure coefficient and stream deviation is known for the aerofoil over the range of stream 
deviation from zero up to the value at  which the bow-wave becomes detached, and also for a 
stream deviation equal to a right-angle. Hilton joined the curve of pressure coefficient against 
stream deviation, calculated within the limits to which Busemann’s theory applies, to the 
calculated pressure coefficient for a stream deviation of a right angle by an arbitrary curve, and 
showed that the calculated values of the force coefficients are not sensitive to the exact sha.pe of 
this curve. He thus obtained simple theoretical expressions” for the force coeficients which in 
most cases were in good agreement with the experimentally measured values. 

Fig. 131 shows the measured lift coefficients, and Fig. 132 the corresponding curves for drag 
coefficient. The figures 
shown apply to a Mach number of approximately 1 0 4. Corresponding curves for M = 1 - 2 are 
given in Ref. 215. 

Fig. 133 shows experimental values for the half-chord pitching moment. 

3.3.3. ContvoZs 0% Szrpevsonic Aevofoik--In R. & M. ZlOIz1*, Lock has used the Busemann relation 
between stream deviation and pressure to derive equations for the force coefficients on typical 
two-dimensional supersonic aerofoil sections including the case of an aerofoil fitted with a control. 
In order to give an experimental comparison with these calculations, and to provide general 
information on the periormance of control surfaces on supersonic aerofoils, experiments were made 
in the 1-ft diameter tunnel on aerofoil models of 2-in. chord fitted with control surfaces. 

Early tests were carried out at  a Mach number of 1 * 4 on a model of E C  1240 with a 40 per cent 
hinged flap. Later, tests were made with a 6 per cent double-wedge section with both flap and 
spoiler controls over a small range of Mach number (1- 16 to 1.45). The observations on the 
EC 1240 aerofoil indicated that the loss or reversal of control at high subsonic speeds did not 

* Since the present paper was written a number of errors have been discovered in the calculations of Ref. 215. 
A corrected version of the latter will be circulated as soon as possible. 
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persist at a supersonic speed, the coefficients a,, a,, b, and "u"rz having the same sign at  a-supersonic 
speed as at  low speeds (notation as in R. & M. 1095). The results of these experiments are reported 
in Ref. 216. 

The work was continuedz1' with a more conventional supersonic aerofoil in the form of a 
symmetrical double-wedge section of maximum thickness 6 per cent. The control consisted of a 
30 per cent flap set at  4 deg to the aerofoil chord as shown in Fig. 134. For comparison, a plain 
aerofoil without control was also tested, and the model with a control tested in both the normal 
and reversed position to give information on both leading and trailing-edge flaps. The results 
were found to agree reasonably well with Lock's theoretical values over the range of incidence 
and free-stream Mach number in which the theory applies. The limit to the theory occurs when 
sonic speed is first reached locally at any point in the pressure field of the aerofoil, and this limit is a 
function of both free-stream Mach number and aerofoil incidence. The limiting values of either 
incidence or Mach number are usually termed the critical incidence or. critical Mach number. As 
the critical conditions were approached the discrepancy between theory and experiment increased, 
and this has been attributed to the influence of tunnel interference. Fig.-l35 shows the variation 
of lift coefficient with aerofoil incidence, control mgle and Mach number for the trailing edge 
control and Figs.. 136 and 137, show the variation of (aCL/8cc), and (aC,,,/8a), with Mach number. 
The variation of moment coefficient with incidence, control angle and Mach number is given in 
Fig. 138, and curves for the drag coefficient in Figs. 139, 140. 

A comparison is made in R. & M. 2197212 between control by leading and trailing-edge flaps and 
by an all-moving tailplane on the basis of the drag increase for a given increment of lift. It is 
concluded that most efficient control is by means of an all-moving tailplane. With the leading 
edge control the lift slope aCL/aq is roughly double that for the trailing-edge flap, but the moment 
changes are considerably-less. The results indicate that the performance of the leading-edge control 
is less influenced by the boundary-layer than the control at  the trailing edge. This should permit 
the prediction of full-scale control performance to he fairly accurate for this type of control. 
Moreover, wing or tailplane distortion due to  control forces cannot lead to reversal with the 
control at  the leading edge. Th.ese advantages are, however, offset by the fact that under all 
conditions the leading-edge control gives rise to unstable stick forces, and the drag for a given lift 
is higher than with a conventional control. 

A further series of experimentszz1 was made with a spoiler control on the upper surface of the 
6 per cent double-wedge aerofoil. The experiments included tests with two different types of 
spoiler at 0.7 of the chord from the leading edge. Since the problem of control by this method 
depends on the behaviour of the boundary layer, the low Reynolds number of the experiment 
must be taken into account when assessing the value of the observations. It appeared that the 
control forces produced by the presence of the spoiler were small, and that these were accompanied 
by large drag rises. 

' 

The general conclusions which may be drawn from this series of experiments are : 
(a) Normal elevator control may be satisfactorily maintained a t  supersonic speeds, but the 

drag rise due to the operation the control is greater than with an all-moving tailplane. 
(b) The normal (trailing-edge) position of the control is more satisfactory than a leading-edge 

position at supersonic speeds, and both forms of control are preferable to control by 
spoiler. 

3.4. Miscellaneous Experiments.-A considerable number of miscellaneous experiments have 
been made in both the 20 x S-in. and 12-in. diameter tunnels during the war years at the request 
of various Service Departments and firms. The major part of this work has not been described 
in published reports but has been reported direct to the organisation which requested the 
investigation. 
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3.4.1. Body- Wing Combinations.-" series of tests were made in the 12-in. diameter tunnel at 
a Mach number of 1 - 4 on a number of body shapes supported at  the centre of a biconvex aerofoil. 
Conical noses of varying angle were tested, the body itself was cylindrical and symmetrically 
placed on the aerofoil and was not varied during the experiment. Lift, drag, and pitching moment 
were measured during the experiment, the drag measurements in particular were not reliable 
because of the condensation of atmospheric moisture in the working section. A further series of 
measurements on a G.A.P. model were made on a strain-gauge sting. Lift and moment alone 
were measured, and this work is reported in Ref. 217. 

3.4.2. As9ect-Ratio Tests.-A number of flat plates with faired leading and trailing edges and 
of varying aspect ratio and tip shape have been tested in the 12-in tunnel at a Mach number of 
1-4. An aspect-ratio effect of the same order as that predicted by the calculations of R. & M. 
242lzZ0 was observed. 

3.4.3. Com$Zete Aircraft Models.-Measurements on a model of a Meteor have already been 
A model of the E 24/43 Miles supersonic project was tested on a strain-gauge sting 

in the 12-in, tunnel at  a supersonic speed. Lift and moment were measured and the flow pattern 
was photographed by a cin6-camera. The records of these experiments are in the hands of Miles 
Aircraft and are unpublished. 

3.4.4. Other Tests.-Tests have also been made on the resistance of gun barrels placed across 
the airstream, shells of varying shape, bomb and rocket projectile shapes, wireless aerials and 
engine cowlings. Fuse 
elements and manometric fuses have also been tested. An investigation has been made of the 
flow through and at  the exit from gun barrels. Experiments have been carried out to investigate 
the influence of the boss and blade-root shape on propeller efficiency at  high speed. 

These observations have not been published. 

' Screaming ' bombs of various types have been tested in both tunnels. 
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Usual Notation 

NACA 0012 

NACA 0015 

NACA 0017 

NACA 0020 

5 NACA0020 

NACA 2417 

NACA 2218 

NACA 16/12 
NACA 16/15 
NACA 16/16 
NACA 16/21 
NACA 16/22 
NACA 16/25 
NACA 16/26 
NACA 16/32 
NACA 16/35 
NACA 16/36 
NACA 16/44 
RAF 31A 

RAF 69 

RAF 89 

(2) 

Present 
Notation 

when 
different 
from (1) 

N 1230 

N 1530 

N1730 

N2030’ 

N2030 

N 1730/2040 

N 1830/2020 

N1050/1250 
N0650/1250 
N1550/1250 
N0750/3050 
N1050/3050 
N0650/3050 
N1550/3050 
N1050/3050 
N0650/4950 
N1550/4950 
N0450/1950 
R1330/2050 

R2130/1942 

R2530/1942 

APPENDIX I 
Table of -4erofoils Tested in High-speed Laboratory, Aerodyn,amics Division, N.P.L.- 

-411 ‘ Two-Dimemional ’ 
(NOTE : For explanations see to end of Appendix, p. 175) 

- 

(3) 

Chord 
in. 

- 

2 

2 

2 

2 

1.2 

2 

2 

2 
2 
2 
2 
2 
2 
2 
2 
2 
2 
2 
2 

2 

2 

(6) 

Other 
Tunnels 

Visualiza 
tion 

Balance 

(12) 

Pressure 
Plotting 

(13) 

Wake 
Traverse 

(14) 

Wall 
’ressures 

(15) 

References 

6332, 6062, 4715, 
7216, 8682, 4713, 
9756, R. & M. 2058, 
R. & M. 2209. 

4738, 6062, 7216, 
R. & M. 2058. 

4804, 6062, 7216, 
R. & M. 2058. 

6062, 7216, 9756, 
8682, R. & M. 2058, 
R. & M. 1971. 

R. & M. 2058, R. & M. 
1971. 

5115, 6062, 7216, 
6999, R. & M. 2058. 

7234, 8682, R. & M. 
2058. 

9756 
9756. 

9756. 
9756. 

9756. 

9756. 
8682, 2441, 6062, 

7216,6948, R. & M. 
2058. 

6062, 7203, 2941, 
R. & M. 2058. 

7203, 2941, R. & M. 
2058. 

......... ....... ....... .,..... .. , .. .... .. .... ..... . . .  ... ... ... . ... . ..... 



APPENDIX I-cofztinued 

Usual Notation 

.RAF 6 
EC 1240 

-EC 1250 

-EC 1240/0658 

EC 1240/0640 

.EC 1250/1050 

w EQH 1550 
.U . ’* EQH 15501105E 

’ EQH 1250/1050 
.EQH 125010640 
P 2040 

P 1240 
C 154012037 
H 1222 
H 1222 
Bristol Wing 
Double Wedge 

Double Wedie 
Single Wedgc 
Biconvex 
Clark Y* 
Clark Y* 
EC 1250 

Faired 

- (2) 

- .  Present 
Notation 

when 
. different 

- from (1) 

RI 533/5836 

H122214022 

B143011944 
0650 

osg5o 

CO73313533 

06. 100 
074.50 
CO63313033 

(3) 

Chorc 
in. 

- 
2 
2 

2 

2 

2 

2 

2 

2 
2 
2 
2 

2 
2 
2 
2 
2 
2 

2 
2 
2 
2 
2 
5 

(4) 

1-ft 
Tunnel 

(5) 

20 x 8-in 
Tunnel 

(6) 

Other 
Tunnels 

(7) 

Subsonic 

(8) 

Super- 
sonic 

(9) 

Remarks 

CL mas 

C L  max 
Including 
control 

.nd bralo 
flaps 
C, mar 

C L  mar 

CL max 

CJ max 

C L  1 U f z  

c, msx 

CL rnax 

CL mas 
:ncluding 

Yaw 

CL max 

:ncluding 
spoiler 

and flap 

CL rnax 

CL max 

CL mqs 
nclnding 
control 
a d  brake 

flaps 

(10) 

Visualiza 
tion 

(1 1) 

Balance 

(12) 

Pressure 
Plotting 

(15) 

References 

5272, 6532, 7026, 
8682, 8041, 5862, 
7615, 4726, 7216, 
5862, R. & M. 2058. 

7216, 7278, 8682, 
R. & M. 2058. 

7216, 8682, R. & M. 
2058. 

7216, 8682, R. & M. 
2058. 

4708, 7216, 4713, 
R. & M. 2058. 

7216, 8682, R. & M. 
2058. 

7216, R. & M. 2058. 
7216, R. & M. 2058. 
7216, R. & M. 2058. 
4800, 6062, 7216, 

8718, R. & M. 2058. 
4164. 
7209, 7216. 

3238, 6062. 
8960, 9203. 

R. & M. 2057. 

7705. 
6062. 

6378, G62, 7067, 
7176, 7278, 6378, 
6662, R. & M. 2065, 
R. & M. 2067, 
R. & M. 2055, 
R. & M. 2079. 



APPENDIX I-continued 
I 

Usual Notation 

EC 1250 
NACA 2218 
NACA 16/42 
Mustang 
G 144211547 
Griffith 
NACA 0020 
H 1222 
Double Wedge 
Single Wedge 
EC 1250 
Double Wedge 

(2) 

Present 
Notation 

when 
different 
from (1) 

N1830/2020 
N1050/1650 
,14&40/1241 

2245 
N2030 

0650 
06.100 

0650 

(3) 

Chord 
in. 

- 
12 
5 
5 
5 
5 

2 
2 
1 
1 

0.35 
0.35 

(4) 

I-ft 
Tunnel 

(5) 

20 x %in. 
Tunnel 

(12) 

Pressure 
Plotting 

(13) 

Wake 
Traverse 

(14) 

Wall 
Pressures 

(15) 

References 

7278, R. & M. 2106. 
R. & M. 2093. 

8135. 
9585. 
10096. 
R. & M. 1913. 

10607. 
10607. 
7812, 9490. 
8138, 9490. 

=; 
CA Notatiow 

(i) Aerofoil Notation . . abcd/efgh represents an aerofoil of maximum thickness ab per cent of the chord and situated at  cd per cent of the chord from 
the leading edge. The maximum centre-line camber is ef per cent of the chord and occurs at gh per cent of the chord 
from the leading edge. The numerals are preceded by a number of letters which indicate the method by which the aerofoil 
was designed or the series to which it belongs. Thus :- 

N = N.A.C.A. : R = R.A.F. : P = Piercy : G = Goldstein : B = Bristol : H = Hilton : C = Clark Y : EC = Elliptic 
nose, cubic tail on basic profile : EQH = Elliptic nose, quartic intermediate region, hyperbolic tail on basic profile. 

(ii) Reference Notation . . 
* indicates camber-line referred to flat undersurface. 
-indicates that tests have been made. 

R. & M. indicates that the report has been published as a Report and Memoranda of the Aeronautical Research Council. Other 
references are given as A.R.C. numbers unless otherwise stated. 



APPENDIX I1 
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1.1 General Progress. 
1.2 Flexible Walls. 
1.3 Mach Number Gauge. 
1.4 Strain Gauges. 
1.5 Pressure-Plotting Method. 
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1.7 Photographic Technique. 
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1.10 Turbulence by Spheres. 
1.1 1 Experiments on Tunnel Design, etc. 

* 1.8 Transition Indication. 
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2.1.3 Shock-waves. 
2.1.4 Tunnel interference. 
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2.2 
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4.5. Other Supersonic W o r k  
Some observations on 7.2 deg Wedges in 5 x 2-in. Tunnel 
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FIG. 1. Goldstein roof-top aerofoil 144211547. 5-in chord. 
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FIG. 19. Goldstein Aerofoil 1442/1547. Pressure distribution,' etc., for -01 .= 0 ;5 deg (design incidence). 
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FIG. 20. Goldstein aerofoil 1442/1!547. Pressure distribution, etc., for a = 6 .5  deg. 
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FIG. 21. Goldstein aerofoil. Variation of Profile drag with Mach number at constant incidence. 
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FIG. 23. Influence of transition movement on drag coefficient. 
(Mustang 146 40/1241 aerofoil test in 2.7m D.V.L. tunnel.) 



FIG. 24. Goldstein aerofoil. Variation of C, with 
M at constant CL. 

FIG. 25. Goldstein aerofoil. Variation of C, with cc at 
constant M. 
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FIG. 27. Goldstein aerofoil. No-lift angle. 
FIG. 28. Goldstein aerofoil. Variation of &-chord 6: 

with Mach number at constant U. 



FIG. 29. Goldstein aerofoil. Variation of C,,, with Mach 
number at constant C, ; including CfrLO. 
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FIG. 30. Variation of C,,,/C, (C.P. position) with Mach number. 
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FIG. 31. Goldstein aerofoil. Variation of. dC,,,/dC, and 
aerodynamic centre with Mach number. 
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FIG. 33. Effect of thickness on lift-curve slope for 
symmetrical aerofoils. 

(N 0630, N 0930, N 1230, N 1530, N 1830.) 
German tests in 2.7m D.V.L. tunnel. 
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FIG. 34. Effect of thickness on lift-curve slope (N.P.L. 
2-in. chord). (Symmetrical aerofoils 12, 15,17 and 20 per 

cent thick at 30 per cent chord.) 
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Fig. 35. 
2-in. chord). 

Effect of thickness on lift-curve slope (N.P.L. 
(Cambered aerofoils 6, 13, 14, 17 and 

21 per cent thick at  about 30 per cent chord.) 

FIG. 36. Variation of no-lift angle with Mach number. 
Fulllines 2-in. chord in 12-in. diameter Tunnel. 
Broken lines 5-in. chord in 20 x 8-in. tunnel. 
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FIG. 37. Effect of camber on lift-curve slope (17 per cent 
thick aerofoil at 30 per cent chord). 
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FIG. 39. Effect of thickness on moment-curve slope for 
symmetrical aerofoils. 

(N 0630, N 0930, N 1230, N 1530, N 1830.) 
German tests in 2.7m D.V.L. tunnel. 

FIG. 39. Variation of pitching-moment coefficient at zero 
lift with Mach number for cambered aerofoils. 
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FIG. 41. Effect of thickness on moment-curve slope for 
symmetrical aerofoils. 

FIG. 42. Effect of thickness on moment-curve slope 
for cambered aerofoils. 

. .  . 



a5 0.6 0-7 0.8 0 -9 

Mdch Nurnbw 
FIG. 43. Position of the aerodynamic centre. 
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FIG. 44. Influence of thickness on drag rise 
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(2-in. chord in 12-in. tunnel) 
(Symmetrical aerofoils N 1230, N 1530, N 1730, N 2030). 
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FIG. 45. Influence of thickness on drag rise. 

(Symmetrical aerofoils N 0630, N 0930, N 1230, N 1530, N 1830). 
German results in 2-7m D.V.L. tunnel. 
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FIG. 46. Effect of position of maximum thickness on profile drag. 
(Symmetrical aerofoils N 1230, N 1240, N 1250.) 
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FIG. 50. Schlieren photograph of the flow a roud  a 10 per cent 
NACA propeller aerofoil at M = 0.84, a = - 2 deg. 

a 

FIG. 51. Schlieren photograph of the flow around a 10 per cent 
NACA propeller aerofoil a t  1c.I = 0.84, a = - 2 deg. 



FIG. 52. Schlieren photograph of the flow around a 10 per cent 
NACA propeller aerofoil at M = 0.84, = - 2 deg. 

FIG, 53. Schlieren photograph of the flow around a 10 per cent 
NACA propeller aerofoil at M= 0.84, a = - 2 deg. 



FIG. 54. Pressure distribution on 10 per cent NACA propeller aerofoil a t  M = 0.84, a = -2 deg. 
(Note : This figure should be examined in conjunction with Figs. 50-53.) 
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FIG. 55. Mustang wing profile, and positions of pressure holes. 
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FIG. 57. Mustang wing : l i f t  carpet. R.A.E. and N.P.L. high-speed tunnels. 
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FIG. 59. Mustang wing : wale traverse drag ( a  = 0). 
R.A.E. and N.P.L. high-speed tunnels. 
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FIG. 60(a). Comparison of flight and high-speed 
wind-tunnel results. 

FIG. 60(b). Comparison of flight and high-speed 
wind-tunnel results. 
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FIG. 61. Comparison of results from flight and tunnel tests. 
Mustang wing profile drag. 
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FIG. 62. 
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FIG. 63. Variation of profile drag with Reynolds and 
Mach number for E C  1250. 
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FIG. 64. Influence of Reynolds number on profile 
drag coefficient. (N 1530 at C( = 0 deg in R.A.E. High- 

Speed Tunnel.) 
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FIG. 69. Sketch and photograph of tunnel and apparatus. 
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FIG. 72. Curves of normal pressure and friction on floor below shock-waves. 
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FIG. 74. Effect of suction on drag of NACA 2030. 4 deg incidence. 
Slot on upper surface. 
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FIG. 76. 22 per cent Griffith aerofoil ; incidence = 0 deg ; 
U,,c/V0= 2.76 X 10G ; Ad = 0.6.  
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FIG. 77. EC 1240 aerofoil with hinged flap. 



FIG, 78. EC 1240 elevator. Variation of a2 = dC,/dq (7 in radians) with M for various values of a. 
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Rubber 

FIG. 79. Sketch of EC 1250 with 25 per cent control. (30 pressure holes, including 10 in control surface.) 

FIG. 80. Effect of shockstall upon efficiency of control surface. 
EC 1250 with 25 per cent control a t  CL = 2 deg. 7 = Elevator angle. 
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FIG. 81. Variation of ul(= 2C,/&) and a2( = 2C,/aq) with Mach number ; EC 1250 with 25 per cent control. 

FIG. 52. 
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M 

Variation of aC,,/& and X,,,lay, with Mach number ; EC 1250 with 25 per cent control. 
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FIG. 83. Variation,of b,(= aC,,/ax) and be(= aC&) with Mach number; EC 1250 with 25 per cent control. 
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FIG. 84. Brake flaps on 2-in. chord EC 1240/0640 aerofoil. 
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FIG. 55. Influence of brake flaps on force and moment coefficients. EC 1240/0640. 
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Mach Numbcr 

FIG. 86. Influence of brake flaps on ?(AC,)/Z'z 
(z in radians). Aeiofoil E C  1240/0640. 

FIG. 87. Influence of brake flaps on iX,/aC,. 
Aerofoil EC 1240/0640. 

FIG. 88. Photograph showing wake and shock-waves behind an aerofoil with brake flaps. 
(Combination G.) M = 0.78. 
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FIG. 89. 
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FIG. 91. Influence of brake flap on tailplane pressure distribution. 
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FIG. 92. Tailplane CL against Mach number. Section EC 1240. 
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FIG. 93. Aerofoil EC 1240 with and without EC 1040 fins. Variation of 1ift:curve slope with Mach number. 
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FIG. 95. Faired double-wedge aerofoil. Drag 
coefficient (CB) as a function of Mach number ( M )  

at various incidences (E). 

FIG. 96. Faired double-wedge aerofoil. Moment coefficient (C9,J as a function of Mach 
number (Ad) at various incidences (E). 
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FIG. 97. Delay of drag rise due to  sweepback. 
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FIG. 98. Variation of drag coefficient of circular cylinder with Mach number. 
made at  a constant Reynolds number of 20,000.) 
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(Stanton's observations were 



FIG. %(a). FIG. 99(b) .  
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FIG. 101. Surface temperatures on N 20.71) aerofoil. 
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FIG. 102. Isentropic stagnation temperature at  various 
altitudes and Mach numbers in I.C.A.N. atmosphere. 
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FIG. 103. Biconvex aerofoil. 
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c .P 

FIG. 106. Faired double-wedge aerofoil. Experimental and 
theoretical variation of centre of pressure with incidence 

at  M = 1.45. 

M 

FIG. 107. Biconvex aerofoil. Subsonic and supersonic variation of 
C, and C, with Mach number. Comparison of experiment with 

Glauert’s and Ackeret’s theory. 
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FIG. 108. Faired double-wedge aerofoil. Subsonic and supersonic variation of C,, C, and dC,/dci with Mach number. 
Comparison of experiment with Glauert’s and Ackeret’s theories (both the latter shown dotted). 
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FIG. 109. Variation of centre of pressure with Mach number for 74 per cent biconvex aerofoil. 
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A wave /\ / \  

0 4  

FIG. 110. Single-wedge aerofoil in 5 x 2-in. tunnel showing wave pattern and wall pressure distribution. 

FIG. 111. Comparison of upper andlower surface pressures. FIG. 112. Pressures on surface of single-wedge aerofoil. 
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deflection (0) .  Wedge section. 
FIG. 114(n). Variation of wave angle ( p )  with stream 

~ locidaoca (dQgTO.44) 

FIG. 113. Forces on wedge aerofoil. 

5 

4 

a 
b 
D 

e 

- 

I 

0 

FIG. 114(b). Variation of wave angle ( p )  with stream 
deflection (0). Double-wedge section. 



















FIG. 131. Lift coefficients for round-nosed aerofoils. 
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FIG. 132. Drag coefficients for round-nosed aerofoil.. 
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FIG. 133. Half-chord pitching-moment coefficients for round-nosed aerofoils. 
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FIG. 134. Double-wedge aerofoil sections. 
(Not to scale.) 

FIG. 135. Double-wedge aerofoil. The variation of C, with E, q, and M (normal elevator). 



FIG. 136. Double-wedge aerofoil. Variation of a, with M. (U in degrees.) 
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FIG. 137.. Double-wedge aerofoil. Variation of (aC,/aa)v with M. (a in degrees.) 
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FIG. 138. Double-wedge aerofoil. The variation of C,,, with cc, 7 and M (normal elevator). 



FIG. 139. Double-wedge aerofoil. Variation of C D  with M and M at 17 = 0:deg. 

FIG. 140. Double-wedge aerofoil. Variation of C, with a and M at q = 4 deg. 
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